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Abstract

:

The recent improvement of technology readiness level in aeronautics and the renewed demand for faster transportation are driving the rebirth of supersonic flight for commercial aviation. However, the design of a future supersonic aircraft is still very challenging due to the complexity of several problems, such as static stability performance during the acceleration phase from subsonic speeds to supersonic speeds. Additionally, the interest of scientific community in open source numerical platform as a valid tool for a reliable and affordable aerodynamic design is considerably growing. In this framework, the present work addresses the aerodynamic performance of a Concorde-like aeroshape developed within the preliminary design of a high-speed civil transportation aircraft. Several flight conditions, ranging from subsonic to supersonic speeds, were investigated in detail by using Computational Fluid Dynamics. The aerodynamic force and moment coefficients are computed with fully three-dimensional and steady state Reynolds Average Navier-Stokes simulations, carried out in turbulent flow conditions. The effect of the Mach number variation on the shift of the aircraft aerodynamic center is detailed, by focusing on the aircraft pitching static stability. Flowfield numerical simulations are performed with both commercial (Ansys-Fluent) tool and open-source (SU2) code, which is also used extensively in multidisciplinary design procedures, for further comparisons. Particular attention is focused on the shift of the aeroshape aerodynamic center to verify that the provided wing design allows the aircraft static margin to be within 5% of the reference length, both at low-speed and high-speed flight conditions. The computed positions of the aerodynamic center are in agreement with the aeroshape surface pressure distributions and confirmed the literature results available for the Concorde aircraft. Therefore, in the view of future simulation campaigns for supersonic transportation aircraft, the present work aims to bridge the gap between previous aerodynamic design experiences, for instance matured on Concorde, and those carried out with modern CFD tools on full-scale aircraft, and on time-scales compatible with conceptual design practice. Finally, as the difference between the computed aerodynamic coefficients reflected mainly on drag computation performed with SU2, a special focus on numerical diffusion effect of the solver is also given and compared with a commercial certified CFD tool. This adds a unique further contribution to the SU2 community for aeronautics application.
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1. Introduction


Recent studies performed by aerospace industries demonstrated that faster aircrafts improves both business and international relationships while reducing time connections [1]. Regular market of business-class fare gives special attention to time spent during flight. Therefore, companies like Boom and Boeing are focusing on this peculiar aspect by relying on a wider demand of faster flights [2,3,4,5,6,7]. Several U.S. companies are currently proposing new Supersonic Aircraft (SA) prototypes, which represent the future for business class routes [1,8]. Supersonic aircraft concepts, namely AS2, S-512, and Overture, are the ongoing development carried on by Aerion, Spike Aerospace, and Boom aircraft companies, respectively [9,10,11]. While the AS2 and the S-512 concepts belong to the business jet segment, Overture is a larger Mach 2.2 High Speed Civil Transportation (HSCT) aircraft, having transport capability of about fifty passengers and a range of nearly 5000 nm [1,11].



In this scenario, aircraft designers are facing two challenging problems i.e., the environmental effects due to supersonic aviation and noise emission due to sonic boom, which actually represents the strongest barriers to supersonic flight [8,12]. The environmental focus is related to the lowering of greenhouse gas and pollutant emissions and demands to implement strategies to comply with the sustainability standard of International Civil Aviation Organization (ICAO). The objective is set to a 50% reduction of aviation emissions related to   C  O 2    and   N  O x    in the next future [13]. Additionally, a significant attention of designers is also focused on sonic boom mitigation. Actually, since Concorde last flight, sonic-boom is still the main design concern for commercial SA due to prohibition of supersonic overland flight [8,13,14,15,16]. Aside from the environmental issues related to sonic boom mitigation and reduction of fuel emissions, physics of supersonic flows is completely different from the one featuring the sub-transonic regime [17,18]. Many design criteria of SA are different from those adopted for low-speed regime. Specifically, longitudinal stability requirement of SA relates to peculiar aerodynamic phenomena characterising the supersonic regimes.



As matter of fact, aerodynamic characteristics radically change when aircraft accelerate from subsonic to supersonic speeds [19].



Among the most relevant changes, it is worth noting that the lift-to-drag ratio (L/D) strongly decreases and the aircraft Centre of Pressure (CoP) shifts backward, by affecting vehicle performance, static stability, and trimmability. The rearward movement of CoP determines a marked nose pitch-down tendency, known as Mach tuck phenomenon. Moreover, a marked rearward shift of CoP at    M ∞  > 1   (i.e., increased distance between the CoP and the centre of gravity (CoG) ) determines a lower manoeuvrability and a large elevon deflection to trim the aircraft which, in turn, leads to an unacceptable large trim drag. Recall that stability considerations are, however, performed with reference to the Aerodynamic Center (AC) of the aircraft, also known as the vehicle neutral point. Differently to CoP, in fact, the pitching moment coefficient evaluated with respect to the AC does not depend on the AoA. Previously mentioned design concerns are even more challenging considering that for a SA the longitudinal stability requirement must be prescribed over a wide range of Mach numbers.



Aircraft longitudinal stability is investigated in literature by formulating mathematical problems which resume by MDO (Multidisciplinary Design Optimization) procedures [20]. Specifically, low-speed stability for SA is related to the peculiar slender-shaped wing-planform, as discussed in the papers of Seraj et al. and Gursul et al. [21,22]. Seraj et al. [21] performed an optimization study by minimizing the drag at supersonic cruise and considering the static margin as a stability constraint at low-speed. Authors found that pitch stability at subsonic speeds was enforced by increasing the leading edge thickness at the expense of a larger wave drag. Gursul et al. [22,23] studied and related the stability behaviour of delta shaped wings to flow separation which was dependent on the leading edge radius.



Furthermore, the aircraft behaviour consequent to vortex breakdown was analysed, and it was found that breakdown favoured the longitudinal instability. Longitudinal stability condition for SA was also studied at high speed by Mangano et al. [20], who considered a multipoint design optimization over a two-dimensional supersonic profile and over an ideal supersonic concept the Aerion AS2 in several flow regimes. The high-speed stability constraint was formulated in term of trim condition by constraining the pitching moment coefficient. Fukurawa et al. [16] studied a civil SA concept with sonic boom mitigation at supersonic speed. The stability condition in supersonic regime was used as objective function. Therefore, the absolute value of the static margin and the CoG was minimized. Because of the significant variation of pitching moment and drag coefficients a supersonic aircraft has to withstand during flight, its aeroshape must be accurately designed.



With this in mind, aircraft architectures made by appropriately combining slender low aspect ratio Delta wings (DW) and the Sears-Haack body fuselage represent the right design option. In fact, Sears-Haack bodies and DW are able to alleviate the wave drag at supersonic speeds. In addition, DW also at low-speed conditions provide interesting aerodynamic characteristics, namely the vortex lift phenomenon. At high Angle of Attack (AoA), DW promotes the creation of leading edge vortices which originate from the leading-edge separation, and consequent roll up of the oncoming airstream [24,25]. This vortex system increases the aerodynamic lift, according to the well known vortex lift phenomenon. Additionally, DW have the further advantage to limit the excursion of the CoP towards aircraft tail. It is shown in Ref. [26] that the Concorde ogee wing was designed to constraint the CoP displacement within a fixed range of the chord length at the wing root.



Within this framework, the present research effort addresses the aerodynamic analysis of a SA featuring a Concorde-like aeroshape by means of steady state, fully turbulent, and three-dimensional Reynolds Average Navier-Stokes (RANS) simulations, carried out in subsonic, transonic, and supersonic flow conditions. The aerodynamic force and moment coefficients are computed for different angles of attack and for longitudinal flight conditions only. The shift of the aeroshape AC is assessed in a wide rage of Mach number, and results are compared with literature data [26].



Flowfield numerical simulations are performed with both commercial Ansys-Fluent and open-source SU2 tools for further comparisons. The shift of the aircraft AC is related to the different pressure distributions predicted by CFD simulations both at low speed and high speed flight conditions. The computed positions of the AC are in agreement with the aeroshape surface pressure distributions and confirmed the literature results, available for the Concorde aircraft [26].




2. Aircraft Static Stability


The static stability and the trimmability of an aircraft is commonly formalised by evaluating the static margin of the vehicle defined as the distance between the CoG and the AC of the aircraft:


  S M =   X ¯   C o G   −   X ¯   A C    



(1)




where    X ¯   C o G    and    X ¯   A C    are the longitudinal dimensionless position (i.e.,     X ¯  i  =  X i  /  L  r e f    ) of the CoG and AC, respectively. The aircraft static stability is indeed resumed by the following relationship:


    ∂  C M    ∂  C L    =   X ¯   C o G   −   X ¯   A C   < 0  



(2)




when     X ¯   C o G   <   X ¯   A C     the aircraft is considered statically stable (i.e.,    C  M α   < 0  ). Otherwise, for     X ¯   C o G   >   X ¯   A C     the aircraft is statically unstable (i.e.,    C  M α   > 0  ).



Stability of SA becomes problematic during the transition between the subsonic and the supersonic regime. In fact, while flow physics imposes to the AS to move backward during the acceleration phase, there are no natural reasons that determine changes in CoG position. So that, when the SA accelerates to supersonic speed the   X  C o G    remains unchanged while the AC moves [27]. As a result, the shift of the AC is one among the major concern for a reliable SA design. If the aircraft is designed to have CoG by allowing a proper SM at subsonic speeds, the SM eventually becomes unacceptably large at supersonic speeds. In addition, if aircraft design provides a CoG located to achieve a proper SM at supersonic speeds, the subsonic SM most likely would be negative (i.e., AC ahead of the CoG), hence making the aircraft unstable in subsonic flight. Thus, two different solutions to overcome the stability and manoeuvrability issues can be adopted for SA.



On one hand, the CoP can be maintained at the CoG location by trimming the aircraft using a suitable elevon deflection. However, this solution requires an additional elevon oversizing with a consequent increase of trim drag.



On the other hand, the   X  C o G    could be moved backward (i.e., CoG control) in order to limit the increase of the aircraft SM. For instance, this was the design solution adopted for the Concorde aircraft. In that case, the shift of the CoG was performed with a fuel pumping system which transferred the fuel from fore to the aft tank of the aircraft, namely rear trim tank [26]. When crossing the sound barrier, Concorde uses afterburners. Therefore, during the acceleration to Mach 2, the fuel is pushed towards the tail producing an additional retraction of the CoG [26].



Conversely, during the deceleration, fuel is pumped forward to compensate the forward shift of the AC, thus establish the static equilibrium at subsonic condition [26]. In addition, in order to further limit the aircraft SM, the wing planform of Concorde was opportunely chosen, by adopting an ogee delta wing. In fact, the Concorde ogee-planform wing, helped to constraint the shift of AC in cruise conditions within about 62% of the length of the wing root chord.



Finally, it is worth noting that another advantage in moving the CoG of the aircraft consisted in the possibility of using the internal elevons of the Concorde to trim the aircraft to a certain attitude. In fact, without shifting the CoG high elevon deflections were required, which were impossible due to the Concorde operating range in cruising conditions (i.e.,    M ∞  = 2.02  ) [26].




3. Aerodynamic Analysis


Aircraft aerodynamics and static stability in longitudinal flight conditions are addressed in the current sections for the whole flight scenario of the vehicle. The shift of the AC (i.e., the aircraft neutral point) expected during the acceleration phase from subsonic to supersonic speeds is also discussed in detail. Flow modelling and simulations procedures are detailed hereinafter.



3.1. Aircraft Configuration


Generally speaking, a SA aeroshape essentially blends two different airplanes concepts. SA is optimized for the supersonic cruise, but at the same time optimal shapes are also designed to efficiently cover some segments of their trajectory at subsonic speeds (e.g., takeoff and landing).



With this in mind, the aircraft configuration under investigation is shown in Figure 1. As one can see, it features a Concorde-like aeroshape with a low mounted thin delta wing, seamlessly integrated within a Sears-Haack body fuselage, and a tailless configuration, as used for the Concorde and the Tupolev Tu-144 airplanes. The configuration also features a quite constant cross section fuselage with considerable nose overhang relative to an ogee wing. This aeroshape was obtained starting from high-level requirements of 80–100 passengers, a supersonic cruise up to Mach 1.5–2.0 (1590–2120 km/h; 859–1145 kn) at an altitude of 60,000 ft (18.3 km), and a range of 4000–4500 nmi (7400–8334 km). To cope with these requirements, an aircraft architecture with a tailless and a narrow fuselage integrated with a low aspect ratio delta wing with cropped wingtips was chosen, like those adopted for the Concorde and Boom Overture aircraft. Therefore, the planform view features a long, slim fuselage and a slender delta wing with its distinctive ogee leading edge, long root chord and short span. In particular, design requirements lead to a first instance aircraft 65 m long and with 27 m as wingspan. These dimensions were refined while design matured, as shown in Figure 1.



The slender high fineness ratio fuselage (i.e., needle-like shape) was obtained starting from a Sears-Haack body, which also satisfied the area rule, to limit drag at high-speed conditions. In fact, the fuselage design depends on the wave drag coefficient (  C  D w   ) which increases rapidly as the fuselage volume (V) increases:


   C  D w   = 24  V  L 3     S  m a x    S  r e f    =   9  π 2   2     R  m a x   L     S  m a x    S  r e f    =   4.69  4       R  m a x    2  l N     2  +     R  m a x    2  l T     2     S  m a x    S  r e f     



(3)




where   R  m a x    is the body maximum radius,   S  m a x    and L are its maximum cross-section area and length, respectively.   S  r e f    is the aircraft aerodynamic reference surface,   l N   and   l T   are the lengths of nose and tail parts of the aircraft (see Figure 2) [19,28]. A double-bubble cross-sectional layout was considered to separate areas for cabin and cargo.



The wing and the tail were designed in order to provide the aircraft with a suitable aerodynamic performance throughout the flight envelope, especially at high-speed conditions. In fact, according to Ref. [19], their wave drag coefficient reads:


   C  D w   =  512 π    ν p s  2   K 0   β s    S  w e t , e a c h    2  S  r e f      



(4)




where s is the slenderness ratio of the part; for the wing:


  s =  b  2  l w     



(5)




p is the planform parameter of the part; for the wing:


  p =   S  r e f    b  l w     



(6)




 ν  is the volume parameter of the part; for the wing:


  ν =  V    S  r e f     3 2     



(7)




being V the volume of the part; in addition


  β =    M 2  − 1    



(8)




  K 0   is an empirical coefficient for wave drag due to volume and   S  w e t , e a c h    is the wetted area of each part.



A NACA 64A series airfoil was chosen with a thickness ranging from 3% at root up to about 2% at tip; the wingspan was determined according to the Mach’s cone semi aperture angle at cruise speed (i.e., the wing leading edge remains behind the shock cone created by the leading-edge root); the ogival delta wing was compound-rounded into the shape of a smooth ogee equal to that of the Concorde wing. Therefore, the high sweptback leading-edge and low thickness/chord ratio improved wave drag. Furthermore, the high leading-edge sweep at the root (i.e., wing strakes) determines, at low speed, strong controlled counter-rotating vortices on the leeside at high angles of attack. Such vortices lower the local air pressure and cause high-lift (i.e., vortex-lift phenomenon), thus improving aircraft low speed performance, such as take-off and landing speeds. A detailed description of the vortex lift phenomenon that takes place over this ogee wing at very low speeds can be found in Ref. [24].



According to the Concorde design, the ogee wing planform helps in reducing the amount of control force required to pitch trim the aircraft. In fact, the movement of the aerodynamic center between low speed and supersonic cruise conditions is reduced (i.e., low static margin both at low speed and in supersonic cruise). This way, the trim of the aircraft in cruise for minimum drag was accomplished by means of fuel transfer to adjust the centre of gravity in supersonic flight and with a proper camber and twist of the wing.



Finally, the pitch down tendency of the sweptback wing is counterbalanced by four engines placed beneath the wing and on the rear part of it. This arrangement has also the advantage to determine a lighter wing since allows the engine weight to counteract the wing lift, thus reducing the wing root bending moment.




3.2. Flight Envelope


The Concorde flight envelope (FE), shown in Figure 3 and reported in Ref. [27], was assumed as reference for this aerodynamic study [26,29]. As shown, iso-Mach curves are also drawn to appreciate the Mach number variation expected during flight.



The Concorde FE is limited in terms of speed; the maximum operating speed limits (  V  m o   ) is set at about 530 knots IAS at 43,750 ft, where Mach number equals 2.04. Another limit set at 300 knots is represented by the lowest speed limit achievable.



In addition, it is worth noting that the aircraft is characterized by an extended FE subjected to significantly different design requirements (with a wide range of airspeed while altitudes extend up to about 18 km (60 kft), which adds further complications to the design of SA [26,29].




3.3. CFD Test Matrix


Aircraft aerodynamics and static stability in longitudinal flight conditions are addressed by means of CFD simulations which are performed at several Mach numbers from    M ∞  = 0.24   to    M ∞  = 2.0  , according to the FE in Figure 3.



Eleven control points along with the flight profile were considered to perform aircraft aerodynamic analysis.



The selected flight conditions refer to    M ∞  = 0.24 , 0.5 , 0.8 , 0.9 , 0.95 , 1.02 , 1.1 , 1.2 , 1.5 , 1.8 ,   and   2.0  . For each Mach number, CFD simulations were carried out at different angles of attack, according to the CFD test matrix in Table 1. For the sake of simplicity, only low values of the AoA have been considered, namely   α = 0 , 3 , 5 ,   and   10  d e g  , since the focus is on the shift in the position of the aeroshape aerodynamic centre which, as is well known, does not depend on  α .



Each simulated Mach number corresponds to a fixed height and cruise speed (i.e.,   R  e ∞  ,  M ∞   ) of the FE. Therefore, aircraft aerodynamics and static stability in longitudinal flight conditions are addressed by means of twenty seven steady state, three-dimensional, and fully turbulent Navier-Stokes (NS) CFD simulations.




3.4. Grid Generation


Flowfield simulations were carried out on several quite different grids, according to the different free-stream Mach numbers summarized in the CFD test matrix (see Table 1). All grids are unstructured hybrid mesh with hexagonal or polyhedral cells in the flowfield domain, prisms in the boundary layer and triangular elements on the surface of the aircraft.



In particular, two computational domains were generated for the CFD simulations: one for subsonic simulations and the other one for supersonic computations. The fluid domain for the subsonic case is a prismatic brick with dimensions of length, width, and depth equal to fifty times the body-length of the aircraft. The subsonic computational domain is shown in Figure 4, where the mesh on the aircraft wall and symmetry plane is also provided.



On the other hand, for the supersonic case, the computational domain is different with respect to the subsonic one. In fact, due to the hyperbolic nature of the supersonic flow-field equations it features a paraboloid-like domain. To carry out simulations with Mach number ranging from 1.1 up to 2.0, the lowest Mach value was chosen for the paraboloid semi-aperture angle.



The supersonic computational domain is shown in Figure 5, where the mesh on the aircraft wall and symmetry plane is also provided.



To facilitate a correct transition in the growth of the size of adjacent tetrahedral cells, density boxes have been defined at the nose, at the leading edge of the wing, at the engine, and at the wing tip.



The boundary layer region has been discretized by exploiting prismatic inflation layers. The grid featured a minimum wall spacing equal to    10   − 6    m to allow for    y +  = O  1    and to describe the viscous sublayer.



The prismatic layers of a typical mesh is shown in Figure 6, where the mesh on the aircraft wall and symmetry plane is also provided. Finally, the half-body subsonic grid consisted of about   6 ×   10  6    cells meanwhile the supersonic grid consisted of about   5 ×   10  6    cells, according to a grid independence study performed on three subsequent levels of mesh refinement.




3.5. CFD Modeling and Numerical Discretization


Steady-state RANS simulations are performed with ANSYS-FLUENT and SU2 solvers. Air is modelled according to the perfect gas model, with specific heat at constant pressure equal to    c p  = 1006   J/kgK and viscosity provided by the Sutherland law. Air thermal conductivity was assumed constant,   k = 0.0242   W/mK.



RANS closure is performed using the shear–stress transport (SST)  κ - ω  model. In the current computation, pressure farfield and pressure outlet boundary conditions are used at the domain inlet and outlet, respectively. While adiabatic wall boundary condition is applied at the aircraft surface.



Finally, tool settings adopted for both ANSYS-FLUENT and SU2 solvers are detailed described hereinafter. They were validated against theoretical and experimental data in several numerical investigations carried out by authors in previous works, as detailed discussed in Refs. [24,30,31,32].



3.5.1. The FLUENT Solver


As the Mach number significantly varies within the investigated flow conditions, compressibility effects on the aircraft aerodynamic performance were taken into account by means of the pressure-based solver and the density-based solver, available in ANSYS-FLUENT. The SIMPLE solver is used for subsonic speeds, although the adopted version is also applicable for a wide range of flow regimes, from low-speed incompressible to high-speed compressible flows [33]. Spatial discretization of inviscid terms in NS equation is performed using second-order upwind scheme, while gradients of solution variables at cell centers are obtained by using the Least-Squares Cell-Based (LSCB) method [33].



The supersonic simulations were performed by using the density-based solver with the implicit formulation. To correctly track the discontinuities which arise at supersonic speeds, an approximate Riemann solver implemented in the ROE-FDS scheme available in ANSYS-FLUENT is adopted for inviscid flux computation.



As far as solution procedure is concerned, it is worth noting that the solution steering algorithm in FLUENT was considered. It determined the Courant number (CN) during the simulations which affects the solution speed and stability. During solution startup, a CN equal to 1 is considered as changes in the flowfield solution are highly nonlinear. But as solution progresses, solution steering automatically changes some solver parameters and progressively increases the CN in order to ensure a steady-state-converged solution.



In particular, solution steering allows the solver to not exceed the assigned maximum CN and to use a CN less than the initial value if the solution diverges. In addition, full multi grid initialization is also adopted which computes a quick, simplified solution based on a number of coarse sub-grids. This helps to get a stable and better starting field for the main calculation [33]. Under-relaxation factors for the uncoupled parameters are keep at the default values.



Finally, at each selected test matrix flight conditions the overall mass, momentum, energy, and scalar balances are verified to address convergence of solution. Residuals are verified to have a decrease at least of three order of magnitude; while the scaled energy residual should decrease to   10  − 6   .




3.5.2. The SU2 Solver


The open source multiphysics CFD toolkit SU2 is based on a finite volume discretization of a PDE performed on an edge based dual grid using a finite volume approach [34]. In the current computations, a second order backward scheme is used for time integration and spatial gradients are computed with a Green-Gauss approach averaged at the cell faces for viscous fluxes computation.



SU2 has been extensively validated with respect to experimental data [34]. However, aerodynamic analysis of complete aircraft configurations, like SST aircrafts demands CFD simulations for a wide range of Mach numbers.



At very low-Mach numbers, pressure disturbances travel at the speed of sound which at the incompressible limit, becomes infinite and drives to numerical instability. At high Mach numbers, shock-waves create strong gradients in flow properties eventually driving to divergence of numerical solution. Therefore, numerical computation requires special attention especially for the discretization of the convective terms, which should be correctly resolved to avoid false gradients.



Above mentioned issues relates to wide range of flow scales, involved in the simulation of SST which must be represented within a finite computational mesh resolution [35].



In this framework, a consolidated solver for complex simulation on unstructured grid (i.e., the ANSYS-FLUENT) is considered, besides to SU2 solver. As far as several convergence issues for SU2 in the simulation are found, especially for JST scheme commonly adopted in SU2, some remarks on the role of dissipation operators are addressed.




3.5.3. Remarks on JST Scheme


To gain a confidence level with SU2 for the current simulations, several choices related to numerical discretization are discussed. The standard choice for convective discretization used in SU2 is the second order JST central scheme with scalar dissipation [34]. As known from literature, JST scheme is derived using the method of artificial diffusion [36]. Recall also that a one-dimensional non linear convection-diffusion equation (i.e., Burgers equation) mimics the physics of discontinuities (as shock waves) which are created by quadratic non linearity of convective terms of Navier-Stokes equation. Considering a one-dimensional linear hyperbolic problem:


    ∂ u   ∂ t   + a   ∂ u   ∂ x   = 0  



(9)




for which an exact solution is the wave solution   u  ( x , t )  =   u ^  k   e  i k ( x − a t )     [37] where a is the phase velocity and k is the wave-number.



The effect of molecular diffusion can be modelled adding a second and fourth order term respectively, namely dissipation operators modulated by two positive coefficients i.e.,    d 1  = α    ∂ 2  u   ∂  x 2      and    d 2  = β    ∂ 4  u   ∂  x 4     . Therefore, the method of artificial diffusion requires to solve the convection diffusion equation, which for a simplified one-dimensional case rewrites as:


    ∂ u   ∂ t   + a   ∂ u   ∂ x   =  d 1  +  d 2   



(10)




rather than solving Equation (9). The operator   d 1   and   d 2   produces both amplitude and energy dissipation on each component of wave-number k i.e.,   u  ( x , t )  =   u ^  k   ( t )   e  i k x     of exact solution of Equation (10). By evaluating the Fourier transforms    d ^  1   and    d ^  2  , one obtains respectively the effect of the dissipation operators in the wave-number space:


      d ^  1    =    − α  k 2    u ^  k         d ^  2    =    − β  k 4    u ^  k      











Therefore, the exact solution of Equation (10) becomes   u  ( x , t )  =   u ^  k   ( t )   e   i ( k   x − a t  )    e  − (  α  k 2  + β  k 4   ) t    , which is a wave having amplitude smoothed by on low (≈  k 2  ) and high (≈  k 4  ) wave-numbers. The above concept leads to formulation of the JST scheme which introduces numerical dissipation on low-frequency and high-frequency modes of the numerical solution.



Specifically, fluxes at cells interface are evaluated through a modulation of two dissipation coefficients   ϵ 1  ,   ϵ 2  , which are proportional to Laplacian, and to the square of Laplacian in three-dimensions. The last operator as remarked for the one-dimensional case, acts as a high-pass filter and removes high frequency oscillations.




3.5.4. Effect of Dissipation Operator


In previous simulations performed by the authors with SU2 on the complex wing-body aircraft configuration N2A [30], it was shown that at    M ∞  = 0.2   and   R e = 1.27 ×  10 8   , the best match with experimental wind-tunnel test were obtained assuming    ϵ 1  = 0.36   and    ϵ 2  = 0.01  . As no experimental results are available for the current Concorde-like configuration, the same values were adopted in the test performed with at    M ∞  = 0.5   and   R e = 3.12 ×  10 8   . At    M ∞  = 0.8   local sonic conditions appear on the aircraft. Therefore, some convergence issues arise by using JST scheme. To preserve stability of computation and convergence of solution at selected residual accuracy, the modulation of dissipation operator is changed by assuming    ϵ 1  = 0.5   and    ϵ 2  = 0.02  . The same values are also adopted at supersonic condition    M ∞  = 1.5  . The adopted settings allowed to keep second order accuracy of solution and stability of computation.



As far as the effect of 2nd order coefficient is increased, the amount of numerical diffusion increases. In order to quantify such effect, the aerodynamic coefficients are also compared with a second order TVD schemes (i.e., AUSMPLUSUP).



Results obtained for drag coefficients shown an unwanted but expected increase of drag coefficients, and are not reported here for simplicity.






4. Computation of the Aircraft Aerodynamic Coefficients and Aerodynamic Center


Aerodynamic force and moment coefficients (i.e.,   C L  ,   C D  , and   C M  ) were computed according to Equations (11) and (12), respectively.


   C i  =   F i    q ∞   S  r e f         i = L , D  



(11)






   C M  =  M   q ∞   S  r e f    L  r e f      



(12)







The reference surface is the wing planform area (fuselage included) and reads:    S  r e f   = 332.60   m2; while the length of the wing root chord, equal to   27.66   m, is assumed as the reference length, i.e.,    L  r e f   = 27.66   m.



Finally,   q ∞   is the dynamic pressure. Force coefficients (i.e.,   C D   and   C L   ) are relative to the wind reference frame (  X W  ,   Y W  ,   Z W  ); while the pitching moment coefficient,   C M  , refers to the body reference frame (  X B  ,   Y B  ,   Z B  ), as prescribed by ISO 1151 standard, see Figure 7. The pole for moment reduction is assumed at both aircraft nose and at several percentages of the wing root chord, to address the moment coefficient with respect to the aircraft AC.



As far as the calculation of the AC position is concerned, it is worth noting that this position is determined by means of an iterative procedure.



The AC position is computed by translating the pole along with the wing root chord, starting from the leading edge, up to the pitching moment slope is horizontal:


   C  M α   =   ∂  C M    ∂ α   = 0  



(13)







The moment coefficient   C  m y    is computed at each new position guessed for the AC, namely   (  X  n e w   ,  Z  n e w    ), as follows:


   C  M  n e w    =  C  M 0   +  C N     X  n e w   −  X  o l d     L  r e f    −  C A     Z  n e w   −  Z  o l d     L  r e f     



(14)




where   C  M 0    is the pitching moment with respect to the origin of the layout reference frame (LRF):    X  o l d   = 0 ,   Y  o l d   = 0 ,   Z  o l d   = 0  , and:


   X  n e w   = 19.88 + 27.66  X ˜   



(15)




recall that the coordinate of the nose apex of the aircraft in the LRF are    X  n o s e   = − 0.72   m,    Y  n o s e   = 0   m,    Z  n o s e   = 4.62   m, while   X ˜   indicates the root chord percentage range (0.50–0.70) where the AC position is expected, see Figure 8.



For instance, variation of the pitching moment coefficient versus the AoA,  α , and for different positions of the pole reduction point along with the wing root chord is provided in Figure 9 for    M ∞  = 2.0   and   R  e  L r e f   = 1.01 ×   10  8   .



As shown, different pole positions, namely     X ¯   n e w   = 0.5 ,  0.54 ,  0.58 ,  0.62 ,  0.66   , and   0.70  , were considered but only one point represents the neutral stability condition, as expected. This point lies at about     X ¯   A C   = 0.62  .




5. Aerodynamic Results


Aircraft aerodynamic force and moment coefficients and static stability highlights in longitudinal flight conditions and for clean configuration are provided and discussed in detail for all the speed flow regimes associated to the FE, see Figure 3. The values of the force and moment coefficients as provided by ANSYS-FLUENT and SU2 are summarized in Table A1 and Table A2, respectively. Such results were provided by means of fully turbulent, three-dimensional CFD simulations carried out for the free-stream conditions of eleven control points, chosen along with the flight profile expected for the aircraft.



For each Mach number, CFD simulations were carried out at different angles of attack. Therefore, aerodynamic results as function of AoA will be presented at each Mach number; while at selected attitude conditions, aircraft aerodynamics versus Mach number is provided.



5.1. Force and Moment Coefficients Versus Attitude


The effect of aircraft attitude on its aerodynamic performances is summarized in Figure 10, where trends of the   C L  –  α  and   C D  – α  curves for the different simulated Mach numbers are shown. Figure 10 also addresses the effect of numerical discretization of the SU2 solver versus the ANSYS-FLUENT solver. This comparison indicates that on the selected grid resolution, negligible differences between aerodynamic coefficients can be observed. This trend remains valid varying the Mach number and the AoA.



As one can see, in Figure 10 it is shown a quite satisfying match between the two codes for each simulated AoA. The flow physics appears correctly predicted by both the solvers. In fact, a quite linear and quadratic increase of   C L   and   C D   at intermediate AoA can be respectively observed without deviation from the expected trends. Recall that the non-linearity induced by the vortex lift phenomenon is expected to appear starting around about 10 deg AoA [24]. The above satisfying comparisons are also confirmed by the other aerodynamic data annotated in Table A1 and Table A2. However, looking at the   C D   coefficients, SU2 results appear to be over predicting the drag. To the best of authors experience, for simulations performed on complex aircraft configurations at the same Reynolds number, a larger difference (about over 50 drag counts) for SU2 with respect to a second order upwind scheme (like ROE FDS) suggests an over-diffusive behaviour due to current JST scheme in SU2 [30].



As far as the pitching moment coefficient is concerned, the behaviour of   C M   at different angles of attack and for    M ∞  = 0.5 ,  0.8 ,  1.5 ,   and   2.0   is displayed in Figure 11. Two pole positions, namely the aircraft CoG and AC, are considered to compute   C M  . Positions chosen for the aircraft CoG at the considered Mach numbers are equal to   53.54 %  ,   54.38 %  ,   57.74 %  , and   59.12 %   of the wing root chord, respectively.



As shown, the evaluation of   C M   with respect to the AC clearly shows that the pitching moment does not depend on the AoA, as expected. Additionally, if the aircraft CoG is considered as pole, a quite linear trend for the   C M   is predicted, especially for supersonic speeds. For each Mach number, it can be further observed that the slope of     C  m  – α  curve is negative. Therefore it is confirmed that the aircraft is statically stable, for all the simulated flight conditions, see also Table A1 Table A2. Finally, it is worth noting that a detailed description of the low-speed aerodynamics of this aeroshape can be found in Ref. [24].




5.2. Force and Moment Coefficients Versus Mach


As far as the effect of   M ∞   on aircraft aerodynamic is concerned, in Figure 12 the Mach number contours fields at    M ∞  = 0.5 ,  0.8 ,  1.5 ,   and   2.0  . are reported.Those contours are provided in the aircraft symmetry plane.



At   M ∞   = 0.50, the effective lifting region is mainly located near the middle of the wing. Further, the sharp-induced leading edge separation with the consequent vortex roll-up provided by delta-wing planform creates, when the aircraft flies at moderate-high AoA, an increased suction on the leeside, according to the vortex lift phenomenon [22,25,38].



The low-pressure distribution due to the vortex lift is evident in Figure 13 left side, where primary and secondary vortex cores appears over the lee-side. These vortices can be also observed by looking at the skin friction lines reported on the aircraft leeside in Figure 13 right side. Further details on aircraft low-speed aerodynamics can be found in Ref. [24].



As far as   M ∞   increases up to value    M ∞  = 0.8   (transonic), the lifting region of the wing reduces. Therefore, at    M ∞  = 0.8   the AC is expected to shift backward with respect to    M ∞  = 0.5  , with the consequent increase of the static margin.



Consequently, the suction effect on the wing decreases, as shown in Figure 14.



At    M ∞  = 1.5  , supersonic flow adapts on solid walls through an oblique shock waves systems and surface pressure distributions on both aircraft leeside and windside can be appreciated in Figure 15 for   α =  5 ∘   .



The shock-shock interaction between the nacelles and the tails can be well observed. At supersonic Mach number appear visible the shockwave train which features the typical N-shaped pressure signature, which is responsible of the sonic boom. This is further significant as far as the Mach number is increased to higher supersonic values, see Figure 16.



By further increasing the Mach number up to    M ∞  = 2.0  , the AC stabilises at about the   60 %   of the root chord length.



Figure 16 depicts clearly the surface pressure distribution over the aircraft aerospace for   α =  3 ∘   . A significant shocks system at nacelle intake is clearly recognizable.



Above flow-field evolution results in a corresponding variation of aerodynamic characteristics of the aircraft versus Mach Number, as summarized in Figure 17. It shows the behaviour of the lift, drag, lift-to-drag ratio, and pitching moment coefficients with respect to the AC as function of Mach number at   α =  0 ∘    and   α =  5 ∘   , respectively.



As one can see, aircraft aerodynamic characteristics are subjected to the compressibility crisis, that is clearly inferred form the rapid variations of force and moment coefficients around    M ∞  = 1  . As the aircraft approaches the speed of sound, the flowfield past the vehicle is characterized by the presence of shock waves.



In particular, a discontinuity surface appears located just at the aircraft nose. Therefore, the oncoming airflow is abruptly deflected away from the aircraft surface and not flow smoothly around it. As a result, aerodynamic forces and moments change from those experienced at low incompressible flow conditions.



Aircraft drag sharply rises, starting from the drag divergence Mach number, due to the wave drag. For the above mentioned reasons, the drag coefficient of the aircraft close to sonic speed is greater than in the supersonic range due to the erratic shock formation and general flow instabilities, typical of flow field around    M ∞  = 1  . But, once the supersonic flow establishes again, flow stabilises and the drag coefficient reduces.



Introducing the AC, which simplifies the dependence on the AoA of the moment reduction pole, the distance between the CoG and the AC (i.e., the static margin), determines the longitudinal static stability of the aircraft.



The above mentioned trend agrees with the backward shift of the AC towards the trailing edge, which is addressed in Table 2.



In this table, the dimensionless position of the aircraft AC (i.e.,    X ¯   A C   ) is summarized at all investigated Mach numbers. The comparison between ANSYS-FLUENT and SU2 is also reported for    M ∞  = 0.5 ,  0.8 ,  1.5 ,   and    2.0  .



The similitude of present aircraft wing planform and that of Concorde suggested to compare results in Table 2 with those available in literature for the    X ¯   A C    of the Concorde [26]. This comparison is provided in Figure 18 for the whole Mach number range.



As one can see, CFD results agree rather well with the Concorde data, with the higher difference obtained around    M ∞  = 1.5  . According to Equation (14), the motivation of these discrepancies can be found looking at the variation of the axial and normal force coefficients versus Mach, shown in Figure 19. In this figure, profiles of   C A   and   C N   are shown versus   M ∞   ranging from 1.02 to 2.00 and for both   α = 0  d e g   and   5  d e g  . As one can see, both axial and normal coefficients increase starting from    M ∞  = 1.10  , thus determining the larger shift of the aircraft AC, shown in Figure 18.



Finally, it is worth noting that the behaviour of   C A   and   C N   versus Mach is the result of the shocks train shift that takes place on the aircraft belly side and close to the engine nacelles as   M ∞   increases, as can be recognized looking at the Mach contours in Figure 12 and at the pressure distributions from Figure 13, Figure 14, Figure 15 and Figure 16.





6. Conclusions


In the present paper, the longitudinal aerodynamic performance and the static stability of a Concorde-like aeroshape, conditioned to a large Mach number variation, were addressed using Computational Fluid Dynamics. Particular attention was focused on the shift of the aeroshape aerodynamic center to verify that the provided wing design allows the aircraft static margin to be within 5% of the reference length, both at low-speed and high-speed flight conditions. A set of very different flight conditions, encompassing the transition from subsonic to supersonic flight, was considered to describe the shift phenomenon of the aircraft aerodynamic centre, typical of supersonic aircraft. The aerodynamic force and moment coefficients of the aircraft were computed with two different CFD solvers, namely ANSYS-FLUENT and SU2, and results compared in order to gain prior knowledge over the accuracy of the solution over the whole flight envelope.



Result comparisons highlighted a satisfying match between the two codes for each simulated Mach and angle of attack. The flow physics appears correctly predicted by both the solvers. In fact, a quite linear and quadratic increase of   C L   and   C D   at different attitude conditions can be respectively observed without deviation from the expected trends. The computed pressure and Mach number contours revealed the correct evolution of the flow field predicted past the aircraft in the transition between the low-speed and high-speed regime. The shift of the aerodynamic centre at various Mach numbers was addressed and compared to literature data available for the Concorde, since the similarity of the investigated aeroshape to that of the first civilian supersonic aircraft. Numerical results agreed rather well with the Concorde data even though some differences were marked around    M ∞  = 1.5  . Further investigations pointed out that these discrepancies were due to the variation of the axial and normal force coefficients versus Mach. Indeed, both axial and normal coefficients increase starting from    M ∞  = 1.10  , thus determining a larger shift of the aircraft aerodynamic center. Finally, it is worth noting that the behaviour of axial and normal force coefficients versus Mach is the result of the shocks train shift that takes place on the aircraft belly side and close to the engine nacelles as   M ∞   increases. Therefore, CFD results suggested to refine wing design, especially engine nacelles positions in order to guarantee that the aircraft static margin be within 5% of the moment reference length.



Simulations also shown that on the wide range of Mach number considered, a sensible difference of computed drag coefficients for SU2 solver was observed. Such a behaviour was explained by considering the grid resolution adopted, and the artificial diffusion involved in the computation of inviscid terms. Furthermore, the consistence of numerical results obtained with JST scheme implemented in SU2, confirmed that it can be used for a wide range of Mach number provided an adequate choice for dissipation operators. The same results was not confirmed for the upwind schemes currently implemented in SU2.



Finally, it is worth noting that the present work adds further results to the aerodynamic design of high-speed aircraft. In particular, the present paper addresses further investigations carried out also to consolidate in-house design capability for the development of highly aerodynamic efficient supersonic aircraft for civilian transportation. As further comment, although some differences appear for the computation of drag coefficient, SU2 is capable to predict the correct shift of the aerodynamic centre at varying Mach numbers. This represents a further contribution to the possibility offered by open-source platforms for future aerodynamic simulations of supersonic aircraft. These responses allow a rapid follow-up useful to researcher and engineers in conceptual design phase of supersonic aircraft.
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Appendix A


Appendix A.1


Aerodynamic coefficients for the simulated flight conditions obtained with Ansys-Fluent and SU2 codes. Clean configuration.
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Table A1. CFD results in terms of aerodynamic force and moment coefficients. Ansys-Fluent code. Clean configuration.






Table A1. CFD results in terms of aerodynamic force and moment coefficients. Ansys-Fluent code. Clean configuration.





	    M ∞    
	   AoA   
	    C A    
	    C N    
	    C  M nose     
	    C Mac    
	    C D    
	    C L    
	    L ∖ D    





	   ( − )   
	   ( deg )   
	   ( − )   
	   ( − )   
	   ( − )   
	   ( − )   
	   ( − )   
	   ( − )   
	   ( − )   



	0.24
	0
	0.02278
	0.12510
	−0.18960
	−0.03481
	0.02280
	0.12510
	5.48684



	0.24
	5
	0.01042
	0.35050
	−0.47730
	−0.03481
	0.04080
	0.34730
	8.51225



	0.24
	10
	0.00438
	0.65710
	−0.86720
	−0.03481
	0.11840
	0.64640
	5.45946



	0.50
	0
	0.02238
	0.12677
	−0.19272
	−0.03456
	0.02238
	0.12677
	5.66494



	0.50
	5
	0.01101
	0.35684
	−0.47995
	−0.03456
	0.04207
	0.35452
	8.42631



	0.50
	10
	0.00543
	0.66480
	−0.86412
	−0.03456
	0.12079
	0.65376
	5.41237



	0.80
	0
	0.02510
	0.11926
	−0.18349
	−0.03142
	0.02510
	0.11926
	4.75083



	0.80
	5
	0.01394
	0.38045
	−0.51544
	−0.03142
	0.04704
	0.37779
	8.03108



	0.80
	10
	0.00813
	0.71955
	−0.94782
	−0.03142
	0.13296
	0.70721
	5.31897



	0.90
	0
	0.02943
	0.11126
	−0.17347
	−0.03008
	0.02943
	0.11126
	3.78045



	0.90
	5
	0.01877
	0.39781
	−0.54273
	−0.03008
	0.05337
	0.39466
	7.39439



	0.95
	0
	0.03397
	0.10616
	−0.16827
	−0.02913
	0.03397
	0.10616
	3.12474



	0.95
	5
	0.02498
	0.40919
	−0.56493
	−0.02913
	0.06055
	0.40546
	6.69619



	1.02
	0
	0.04132
	0.08010
	−0.13016
	−0.02305
	0.04132
	0.08010
	1.9384



	1.02
	5
	0.03270
	0.41104
	−0.57253
	−0.02305
	0.06840
	0.40633
	5.94493



	1.10
	0
	0.04004
	0.07630
	−0.12145
	−0.01929
	0.04004
	0.07630
	1.9554



	1.10
	5
	0.03136
	0.38857
	−0.53941
	−0.01929
	0.06511
	0.38436
	5.90311



	1.20
	0
	0.03931
	0.07512
	−0.12012
	−0.02048
	0.03931
	0.07512
	1.91121



	1.20
	5
	0.03168
	0.36445
	−0.50491
	−0.02048
	0.06332
	0.36030
	5.68984



	1.50
	0
	0.03567
	0.04353
	−0.07230
	−0.01423
	0.03587
	0.04086
	1.13923



	1.50
	3
	0.03397
	0.19165
	−0.26948
	−0.01423
	0.04396
	0.18961
	4.31344



	1.50
	5
	0.03189
	0.29632
	−0.40898
	−0.01423
	0.05753
	0.28946
	5.03137



	1.80
	0
	0.03223
	0.02413
	−0.04252
	−0.01066
	0.03223
	0.02047
	0.74872



	1.80
	5
	0.03004
	0.24066
	−0.32823
	−0.01066
	0.05090
	0.23713
	4.65908



	2.00
	0
	0.03038
	0.02047
	−0.03653
	−0.00970
	0.03038
	0.02047
	0.67398



	2.00
	3
	0.02950
	0.13798
	−0.19051
	−0.00979
	0.03668
	0.13625
	3.71415



	2.00
	5
	0.02887
	0.21709
	−0.29420
	−0.00970
	0.04768
	0.21375
	4.48329
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Table A2. CFD results in terms of aerodynamic force and moment coefficients. SU2 code. Clean configuration.






Table A2. CFD results in terms of aerodynamic force and moment coefficients. SU2 code. Clean configuration.





	    M ∞    
	   AoA   
	    C A    
	    C N    
	    C  M nose     
	    C Mac    
	    C D    
	    C L    
	    L ∖ D    





	   ( − )   
	   ( deg )   
	   ( − )   
	   ( − )   
	   ( − )   
	   ( − )   
	   ( − )   
	   ( − )   
	   ( − )   



	0.5
	5
	0.00981
	0.37316
	−0.51314
	−0.03645
	0.04230
	0.37088
	8.76763



	0.5
	10
	0.00502
	0.69145
	−0.92005
	−0.03645
	0.12502
	0.68007
	5.43959



	0.8
	5
	0.01230
	0.40531
	−0.56036
	−0.03234
	0.04758
	0.40270
	8.46338



	0.8
	10
	0.00703
	0.75923
	−1.0214
	−0.03234
	0.13877
	0.74648
	5.37923



	1.5
	0
	0.03568
	0.04559
	−0.0765
	−0.01463
	0.03568
	0.04559
	1.27776



	1.5
	5
	0.03197
	0.30584
	−0.4292
	−0.01463
	0.05850
	0.30189
	5.15974



	2.0
	0
	0.03150
	0.02188
	−0.0388
	−0.00990
	0.03150
	0.02188
	0.69462



	2.0
	5
	0.02970
	0.22400
	−0.30400
	−0.00990
	0.04911
	0.22056
	4.49114
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Figure 1. The aircraft configuration with dimensions. 
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Figure 2. Design parameters of the aircraft configuration. 
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Figure 3. The Concorde flight envelope in the altitude-airspeed plane with iso-Mach lines [26,29]. 
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Figure 4. Subsonic computational domain with mesh on the aircraft wall and symmetry plane. 
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Figure 5. Supersonic computational domain with mesh on the aircraft wall and symmetry plane. 
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Figure 6. Typical boundary layer prismatic cells with mesh on the aircraft wall and symmetry plane. 
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Figure 7. Body (  X B  ,   Y B  ,   Z B  ) and Wind (  X W  ,   Y W  ,   Z W  ) reference frames with aerodynamic force and moment coefficients. 
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Figure 8. Aircraft root chord dimension and wing leading edge position with respect to the nose. 
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Figure 9. Pitching moment coefficient versus  α  and for different positions of the pole reduction point along with the wing Root Chord (RC) for    M ∞  = 2.0   and   R  e  L r e f   = 1.01 ×   10  8   . 
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Figure 10. Lift and drag coefficients versus  α . Comparison between ANSYS-FLUENT and SU2 for    M ∞  = 0.5 ,  0.8 ,  1.5 ,   and   2.0  . 
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Figure 11. Pitching moment coefficients versus  α . Comparison between ANSYS-FLUENT and SU2 for    M ∞  = 0.5 ,  0.8 ,  1.5 ,   and   2.0  . 
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Figure 12. Mach contours at   M ∞   = 0.5, 0.8, 1.5, and 2.0 and for  α  =   0 ∘  . 
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Figure 13. Pressure contours and surface streamlines at    M ∞  = 0.5   and   α =  10 ∘   . 
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Figure 14. Pressure contours at    M ∞  = 0.8   and   α =  5 ∘   . 
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Figure 15. Pressure contours at    M ∞  = 1.5   and   α =  5 ∘   . 






Figure 15. Pressure contours at    M ∞  = 1.5   and   α =  5 ∘   .



[image: Aerospace 09 00411 g015]







[image: Aerospace 09 00411 g016 550] 





Figure 16. Pressure contours at    M ∞  = 2.0   and   α =  3 ∘   . 
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Figure 17. Force and moment coefficients versus   M ∞  . Comparison between Ansys-Fluent and SU2. 
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Figure 18. Shift of aerodynamic center with Mach number: Concorde literature data (solid line), CFD results (dotted data) [26]. 
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Figure 19. Axial and normal force coefficients versus   M ∞   in supersonic flow conditions. 
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Table 1. CFD Test matrix.
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	    M ∞    
	    Re  L ref         /  10 8     
	   α   
	Altitude
	Pressure
	Temperature





	   ( − )   
	   ( − )   
	   ( deg )   
	   ( km )   
	   ( Pa )   
	   ( K )   



	0.24
	1.60
	0
	0.030
	100,965.40
	287.95



	0.24
	1.60
	5
	0.030
	100,965.40
	287.95



	0.24
	1.60
	10
	0.030
	100,965.40
	287.95



	0.50
	3.12
	0
	0.349
	97,202.10
	285.88



	0.50
	3.12
	5
	0.349
	97,202.10
	285.88



	0.50
	3.12
	10
	0.349
	97,202.10
	285.88



	0.80
	3.18
	0
	5.090
	53,402.00
	255.09



	0.80
	3.18
	5
	5.090
	53,402.00
	255.09



	0.80
	3.18
	10
	5.090
	53,402.00
	255.09



	0.90
	2.91
	0
	7.080
	40,645.40
	242.13



	0.90
	2.91
	5
	7.080
	40.645.40
	242.13



	0.95
	2.81
	0
	7.940
	35,961.00
	236.60



	0.95
	2.81
	5
	7.940
	35,961.00
	236.60



	1.02
	2.81
	0
	7.940
	35,961.00
	236.60



	1.02
	2.81
	5
	7.940
	35,961.00
	236.60



	1.10
	2.56
	0
	10.070
	26,154.20
	222.70



	1.10
	2.56
	5
	10.070
	26,154.20
	222.70



	1.20
	2.61
	0
	10.660
	23,872.10
	218.86



	1.20
	2.61
	5
	10.660
	23,872.10
	218.86



	1.50
	1.01
	0
	18.288
	7231.20
	216.65



	1.50
	1.01
	3
	18.288
	7231.20
	216.65



	1.50
	1.01
	5
	18.288
	7231.20
	216.65



	1.80
	1.01
	0
	18.288
	7231.20
	216.65



	1.80
	1.01
	5
	18.288
	7231.20
	216.65



	2.00
	1.01
	0
	18.288
	7231.20
	216.65



	2.00
	1.01
	3
	18.288
	7231.20
	216.65



	2.00
	1.01
	5
	18.288
	7231.20
	216.65
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Table 2. Position of the aerodynamic center: comparison between ANSYS-FLUENT and SU2.






Table 2. Position of the aerodynamic center: comparison between ANSYS-FLUENT and SU2.





	
     X ¯  AC    




	
    M ∞    

	
ANSYS-FLUENT

	
SU2






	
0.24

	
0.5490

	
-




	
0.50

	
0.5552

	
0.539




	
0.80

	
0.5808

	
0.584




	
0.90

	
0.5960

	
-




	
0.95

	
0.6170

	
-




	
1.02

	
0.6440

	
-




	
1.10

	
0.6460

	
-




	
1.20

	
0.6360

	
-




	
1.50

	
0.6395

	
0.637




	
1.80

	
0.6270

	
-




	
2.00

	
0.6178

	
0.616
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