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Abstract

Advances in electric flight technologies have enabled distributed electric propulsion, open-
ing a large design space for electric vertical take-off and landing (eVTOL) aircraft with
diverse configurations and mission profiles. To support rapid exploration of these trade-
offs, a computationally efficient sizing and performance evaluation tool has been developed.
This study focuses on the verification of the key methods within the framework. The pro-
peller sizing and performance model is verified against conventional helicopter rotors and
representative eVTOL designs, while the battery discharge model is assessed using experi-
mental data. In addition, the overall aircraft sizing is evaluated for two configurations of
NASA'’s Urban Air Mobility reference vehicles and compared with results obtained using
NASA's state-of-the-art rotorcraft design tool NDARC. The results show good agreement
across all levels of verification. Average deviations are within 8% for propeller performance,
below 5% for battery discharge, and within 4% for maximum take-off and empty mass.
Mission performance and energy consumption are predicted within approximately 10%,
demonstrating the suitability of the methodology for early-stage eVTOL design.

Keywords: electric vertical take-off and landing (eVTOL) aircraft; aircraft conceptual
design; urban air mobility (UAM); distributed electric propulsion

1. Introduction

The significant advances in battery and electric motor technology, particularly in
efficiency, energy density, power density, and reliability [1,2], combined with rapid im-
provements in control systems and computational capability [3], have enabled the emer-
gence of new multirotor configurations based on distributed electric propulsion (DEP).
By integrating multiple electrically driven propulsors across the airframe, these systems
allow for unprecedented flexibility in design and control that was previously difficult to
achieve with conventional architectures.

Such developments have paved the way for the development of electric vertical take-
off and landing (eVTOL) aircraft, which promise a range of compelling advantages over
traditional fuel-powered helicopters. These include lower environmental impact in terms of
air pollution, reduced noise, and lower maintenance requirements due to fewer mechanical
parts and simpler propulsion systems; they are also expected to reduce operational costs.

Centered around this technology, a new market referred to as urban air mobility (UAM)
is emerging, aiming to provide an affordable and efficient alternative to ground-based
transportation in densely populated areas [4-8].
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However, the versatility of eVTOL aircraft extends well beyond the UAM context.
They also offer potential for use in public service operations, including air medical services,
disaster response, humanitarian aid, and aerial firefighting [9,10]. In the domain of emer-
gency medical services (EMS), several studies have investigated the feasibility of eVTOLs as
alternatives to conventional helicopter emergency medical services (HEMS) [11,12]. These
analyses highlight significant short-term limitations, particularly with respect to battery
energy density, payload capacity, and operational range, which constrain their ability to
perform long-range patient transport missions. As a result, their immediate role as full
replacements for helicopters in EMS appears unlikely.

Nevertheless, alternative integration concepts have been proposed that better align
with the current capabilities of eVTOL technology. For instance, ref. [13] explores the use of
eVTOL aircraft as substitutes for ground-based emergency medical service vehicles. This
approach is especially relevant in sparsely populated or rural regions, where achieving ad-
equate coverage typically requires a large number of ground units with limited operational
radii. Due to their higher speeds and extended reach, eVTOLs could reduce the number of
required vehicles while maintaining, or even improving, response times. This suggests a
potentially more efficient and scalable framework for emergency response, particularly in
areas where traditional infrastructure-based solutions face inherent limitations.

In conventional rotorcraft conceptual design, several comprehensive engineering
frameworks have been established by leading research institutions in the United States,
Germany, and France. Among the most prominent are NASA’s Design and Analysis of
Rotorcraft (NDARC) [14], the Integrated Rotorcraft Initial Sizing (IRIS) developed by the
German Aerospace Center (DLR) [15], and the French Aerospace Lab’s (ONERA) Com-
prehensive Rotorcraft Evaluation and Analysis of Turbomachine Integration framework
(C.R.E.A.TIO.N) [16]. These methodologies are characterized by their multidisciplinary
nature, incorporating detailed modeling of aerodynamics, propulsion systems, and flight
dynamics. In addition, the Stanford University Aerospace Vehicle Environment (SUAVE)
toolbox provides a flexible aircraft design platform that has also been extended to rotorcraft
applications [17].

Despite their capabilities in enabling mid- and high-fidelity analysis in combination
with detailed vehicle representations, these tools typically require extensive input data and
modeling effort. This becomes particularly challenging when applied to the expansive and
unconventional design space introduced by eVTOL aircraft. Nevertheless, these frame-
works have still been used to investigate representative UAM configurations. For instance,
NASA has published several conceptual six-passenger UAM reference aircraft based on
NDARC incorporating advanced prospective technologies [18-21]. Similarly, DLR has
applied IRIS in the development of a multicopter eVTOL configuration with fixed-pitch,
RPM-controlled rotors [22], while ONERA has demonstrated eVTOL use cases within the
C.R.E.A.TIO.N environment [23].

Alongside these higher fidelity and more detailed modeling approaches, low-fidelity
(semi-empirical and physics-based) methods represent a good alternative for early-stage
eVTOL design exploration. These approaches rely on simplified aircraft representations,
which substantially reduce computational cost while enabling high-throughput evaluation
of a large number of design candidates. Consequently, they are particularly appropriate
for conceptual design phases, where fast iteration and extensive exploration of the design
space are essential. These engineering approaches facilitate the assessment of different
propulsion layouts and system architectures while still capturing first-order performance
trends and key trade-offs. Several studies have applied such methodologies to eVTOL
conceptual design and performance evaluation [24-27]. However, these approaches exhibit
several common limitations: they typically rely on simplified mission definitions, often
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restricted to hover and cruise segments, which limits their ability to represent more complex
operational profiles. In many cases, they also do not adopt a fully component-based design
philosophy, instead relying on mass fraction or wing-loading-based sizing approaches
rather than explicit geometric and subsystem-level modeling. Furthermore, battery model-
ing is generally simplified, with energy storage estimated solely from energy density and
efficiency assumptions, without accounting for, e.g., battery discharge behavior.

The methodology proposed in this study follows the same low-fidelity design philoso-
phy but introduces a more structured and physically consistent approach to eVTOL sizing
and analysis. The vehicle sizing is performed through an iterative loop converging on both
the maximum take-off mass (MTOM) and the required battery size, and is based on explicit
geometric modeling of the main components, including the wing, fuselage, tail, propulsors,
and pylons. This is combined with a component-based mass estimation and aerodynamic
model, as well as a detailed mission analysis that includes the different operation modes
and a battery discharge model. The resulting tool can be used as a standalone rapid siz-
ing framework or as a design initiator for subsequent higher-fidelity or multidisciplinary
design optimization (MDO) environments such as SUAVE [17].

An earlier version of the presented methodology has demonstrated its capabilities [28]
to investigate how the design mission, propulsor arrangement, and technology advance-
ments influence the performance of various eVTOL configurations. In particular, it outlined
the principal design drivers of four representative configurations, consisting of one wing-
less configuration (Quadrotor) and three powered-lift configurations (Tilt-Propeller, Lift +
Lift/Cruise, and Lift + Cruise), based on a reference mission defined as the transport of
four passengers over a distance of 100 km at a cruise speed of 240 km/h. The study further
evaluated the short-, mid-, and long-term capabilities of multiple eVTOL concepts and
quantified the impact of technology improvements on overall design and performance.

The focus of the present study is the detailed description and verification of the overall
sizing and performance methodology, with emphasis on the underlying methods that
deviate from established handbook approaches used for fixed-wing and fuel-powered
aircraft. Special attention is given to the sizing methodology of the lift-producing propellers
(lift-propeller) and its associated performance model, which are compared and tuned
against several helicopter rotors and powered-lift designs, as well as to the implemented
battery discharge model, which is verified against experimental data. For the evaluation
of the overall design capability, a reference case based on the NASA Urban Air Mobility
Reference Vehicles mission [29] is considered, in which one wingless and one powered-lift
configuration are compared against results obtained from NASA’s NDARC tool.

The remainder of this paper is structured as follows. Section 2 describes the proposed
eVTOL sizing and performance methodology, including its intended scope, component
sizing, mission analysis, battery sizing, and mass estimation approach. Section 3 presents
the verification of the key model elements, covering propeller sizing and performance,
battery discharge behavior, and the overall aircraft sizing against NASA reference vehicles.
Finally, Section 4 discusses the main findings, limitations, and potential directions for
future work.

2. Methodology

This section outlines the overall flow of information within the developed eVTOL
design and analysis framework. It presents the parameterization of individual components,
the methods employed for sizing, the definition and analysis of the mission, the approach
to vehicle mass estimation, and the formulation of the battery discharge model.
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2.1. Scope and Intended Use of the Methodology

The proposed modeling and analysis framework is intended for rapid design space
exploration (DSE) during the conceptual design phase of eVTOL aircraft. Its purpose
is not to provide finalized aircraft designs, but to identify promising regions, sensitivi-
ties, and trade-offs within a large and uncertain design space. The model is therefore
formulated as a continuous, robust, and computationally efficient sizing and performance
analysis framework.

This scope is appropriate for early eVTOL design, where uncertainties in key assump-
tions, such as battery energy density, mission profile, operational concept, and technology
maturity, are probably comparable to, or more influential than, model fidelity. The frame-
work enables extensive parameter and uncertainty studies at low computational cost.
The resulting trends and design “sweet spots” can be used to reduce the design space and
provide suitable starting points for subsequent preliminary design studies using higher-
fidelity models, including more detailed propeller, structural, and system representations.

The proposed framework combines established low-fidelity modeling approaches
with a purpose-built geometric sizing procedure tailored to eVTOL conceptual design.
The underlying physics-based models are largely adopted from existing practice, including
momentum theory for propeller performance, simplified blade element methods, conven-
tional drag build-up techniques, semi-empirical mass estimation, and equivalent-circuit
battery modeling. The main contribution of this work is therefore not the development
of new individual sub-models, but their consistent integration into a fully coupled and
automated sizing loop with an explicit geometry-based representation of the major vehicle
components. In contrast to tools such as SUAVE, where vehicle dimensions and subsystem
sizing are typically user-driven and require iterative manual setup, the present framework
derives first-order component dimensions directly from a limited set of top-level aircraft
requirements (TLARs), thereby reducing manual iteration effort during early design space
exploration. Compared to higher-fidelity environments such as NDARC, the approach
trades detail for computational efficiency and automation, enabling large parametric studies
at conceptual design level.

2.2. Overall Design Procedure

The conceptual design methodology is organized into two main stages: the overall
sizing process and the subsequent design analysis. The sizing process is initiated using a
limited set of input parameters, which can be grouped into three categories:

*  Top-level aircraft requirements, including mission range, passenger capacity, and tar-
get cruise speed;

¢  Operational constraints, such as limitations on landing pad dimensions and infras-
tructure requirements;

¢  Technology-related assumptions, including battery gravimetric energy density, maxi-
mum charging rates, and discharge capabilities.

The overall sizing routine consists of four interconnected modules: component sizing,
mission analysis, battery sizing, and mass estimation. Component sizing determines
the characteristics of the major vehicle subsystems, while mission analysis evaluates the
energy and power demands throughout the flight profile. Battery sizing ensures that
sufficient onboard energy and power are available to satisfy mission requirements, and mass
estimation updates the aircraft weight breakdown accordingly.

These modules are executed sequentially and repeated iteratively until convergence
is achieved for both the maximum take-off mass (MTOM) and the battery capacity.
An overview of the complete sizing and analysis framework is presented in Figure 1.
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Figure 1. Overall iterative eVTOL sizing and analysis procedure.
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2.3. Component Sizing

The first step of the sizing routine is the aircraft component sizing. The corresponding
procedure is illustrated in Figure 2. It uses a minimal set of initial inputs and sequen-
tially determines either geometric parameters (such as fuselage and wing dimensions) or
performance parameters (such as design motor power and torque ratings).

; X 3 XA A X X [0 A4 .,_E#_‘]
RS G e

Cabin Propellers Wing Aft fuselage and tail
Y ¥ WO # ¥y A
S I bad— == a (T T T

- It
Pylons Motors Battery

Figure 2. Overview of sequential component sizing in the eVTOL design loop.

The procedure follows a sequential parameter enrichment approach. First, the cabin
dimensions are determined, followed by the propeller and wing parameters. The aft
fuselage and tailplane are then sized based on the previously obtained results. Subsequently,
the motor pylon geometry and electric motor parameters, as well as the initial battery size,
are calculated. The individual component sizing methods are described in more detail in
the following subsections.

2.3.1. Fuselage (and Empennage)

The fuselage is divided into four sections: the front (nose/cockpit), mid (cabin), aft,
and tail sections as illustrated in Figure 3. The sections are approximated by simple
geometric shapes, including elliptic paraboloid, elliptic cylinder, and elliptic frustum.

Nose and cabin

The fuselage sizing process begins with the nose and cabin sections. The nose is
approximated as an elliptic paraboloid, while the cabin is modeled as an elliptic cylinder.
Their dimensions are derived from the number of occupants (pilots and passengers) and
the predefined seat arrangement. Anthropometric data for both passengers and pilots is
taken from [30]. For piloted configurations, an increased seat pitch is assumed, resulting
in a longer nose/cockpit section. Cabin width and height are determined for occupants
in a seated position, with an additional clearance margin of 5-10% applied to account for
spacing to the fuselage walls.
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Figure 3. Fuselage and empennage geometry, parameterization, and design variables for the siz-
ing procedure.

Rear fuselage and tailplane

Since both powered-lift configurations (such as Lift + Cruise, Tilt-Propeller, and
Lift + Lift/Cruise) and wingless configurations can be modeled, the rear fuselage sizing
procedure follows two distinct paths.

For multirotor configurations, no fuselage tail section is present. The aft fuselage is
modeled as an oblique elliptic frustum. Its length is determined from the equivalent cabin
diameter D ,pin, the predefined taper ratio r,g (typically in the range 0.2-0.3), and the aft
cone angle 6, (typically 3045 degrees), resulting in

(1 — raft) Dcabin

fan(6,1) @

Lag =

For winged aircraft configurations, the sizing of the rear fuselage and tailplane is
formulated as a constrained optimization problem, as shown in Equation (2). The objective
is to minimize the total wetted area Syet rear, as defined in Equation (3).

The design variables for the optimization are shown in red in Figure 3. The fuselage
unknowns are the aft taper ratio r,g, aft cone angle 6,¢, tail section length Ii,;, and tail
section taper ratio ri,;. The tailplane design variables are the root chord (cTpyoot), half span
(brp), and dihedral angle (I'rp).

Minimize Syet rear(X)

wrt. X = [Faft, Tiails Oasts Liails CTEroot DR, T'TP, }T,
subjectto Vg > VHmin,
Vv = Vymin, 2)
XTP 2 XWroot + CW root +Dprop/
ARppwer < ARpp < ARupper/

%

Taft 2 Ttails

where

Swe’c,rear = Sfuse,aft + Sfuse,tail + STP (3)

The optimization procedure is subject to several constraints. The first two are derived
from the requirement for static stability of the aircraft, such that the horizontal and vertical
tail volume coefficients are consistent with those of similar category aircraft. The tail volume

https://doi.org/10.3390/aerospace13070566


https://doi.org/10.3390/aerospace13070566

Aerospace 2026, 13, 566

7 of 38

coefficients are defined in Equation (4). Here, the driving parameters are the horizontal
and vertical projected tail areas (Syt and Syt), the wing mean aerodynamic chord cw,mac,
the wing span by, and the tail arm l,;m, i.e., the longitudinal distance between the wing
aerodynamic center and the tail aerodynamic center:

SHT larm SVT larm
(@ Vg= m/ (b) W= m 4)
The third constraint ensures that the tailplane is positioned behind the aft propellers,
where x7p denotes the position of the tailplane root chord, xw oot the position of the wing
root chord, cw root the wing root chord length, and Dpyop the diameter of the aft propellers.
Further details on the determination of the propeller and wing parameters are provided in
Sections 2.3.2 and 2.3.3.
The last two constraints follow from the requirement that the rear fuselage must be
converging, and that the tailplane aspect ratio remains within a prescribed range due to
structural mass considerations.

2.3.2. Propeller

Three types of propellers are currently implemented: two dedicated to vertical take-
off and landing (VTOL), namely lift-propellers and tilt-propellers, and a third type used
exclusively for forward propulsion.

The primary design parameters for propeller sizing are the required thrust and the
hover tip Mach number under specified design atmospheric conditions, defined by altitude
and temperature offsets. The total hover thrust requirement, derived from the MTOM,
is distributed among the VTOL propellers. In addition, a maneuvering margin of 10% is
applied to the hover thrust requirement.

The main input parameters include the MTOM, landing pad footprint Lip, design
cruise speed Vyise des, design cruise lift coefficient Cp cryise, and fuselage width We;ge.
Additional inputs comprise the design hover tip Mach number, number of blades N, hub-
to-tip ratio, induced power factor in hover oy, design altitude, temperature deviation
from standard conditions, ratios of rotational speed in climb and cruise relative to hover,
maximum speed ratio relative to cruise, and blade taper ratio t. While the tip Mach
number in hover is used to define the rotational speed for the sizing procedure, the tip
Mach number in forward flight can become a limiting design constraint, as compressibility
effects at the blade tip must be avoided to maintain high aerodynamic efficiency. However,
for powered-lift eVTOL configurations the maximum advance ratios remain low, since the
aircraft is wing-borne in cruise flight, and the propellers operate on full load only during
the transition. For conventional rotorcraft configurations, on the other hand, the tip Mach
number at the highest forward flight speed should be explicitly considered when selecting
the rotational speed to ensure that the critical Mach number is not exceeded.

The design thrust of each VTOL propeller is determined from the MTOM, number of
VTOL propellers Npop, vroL, and the maneuver factor kmaneuver as

Tprop,des = kma;; aver IMTO g~ (5)
prop,VTOL

The propeller radius is selected to be as large as possible within geometric constraints
in order to minimize disk loading and, consequently, hover power. The maximum allowable
radius is limited by the available landing pad footprint and the required spacing between
propellers to avoid aerodynamic and acoustic interference. The propeller tip radius is
therefore defined as
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= cff , (winged configuration),
Riin = 2 (1 + klat) Nprop,wing 6
tip — 1 b if ( )
- (multirotor configuration),
4 (1 + klat)

where ki, is the lateral spacing between propellers expressed as a fraction of the propeller
diameter and Nprop,wing is the number of propellers per wing. The effective span available
begs for propeller placement depends on the landing pad footprint Ly p and the fuselage
width Weye and is given by

begr = Lrp — Wiyse- )

The propeller power is calculated using a combination of momentum theory and
a simplified blade element approach, as detailed in [31,32]. The adopted formulation is
intended for conceptual design studies and therefore neglects higher-order aerodynamic
effects such as tip losses, rotor-wing and rotor-rotor interactions, non-uniform inflow,
and unsteady transition-flight phenomena, which can be accounted for using correction
coefficients. The total power is decomposed into induced and profile power components,
as described in Section 2.4. The estimation of profile power requires the determination of
propeller solidity.

Propeller solidity and blade twist

The propeller solidity is determined through an iterative procedure, as illustrated in
Figure 4. The objective is to maximize the propeller disk mean lift coefficient Cy mean in
hover while ensuring that blade stall does not occur prior to reaching the design cruise
speed for the rotorcraft, or, in the case of powered-lift configurations, the transition speed
up to which the lifting propellers support the full aircraft weight. This requirement implies
that the blade section lift coefficient must remain below the maximum lift coefficient of the
airfoil across the entire operating envelope.

—] calc ojocal =] calc 6 =] calc pstan

N
=» calc A |< 2 Mstall > Hmin
A

Yes

No _ Yes
C| mean = max -r

Figure 4. Iterative procedure for determining propeller solidity and blade twist.

The first step is to determine the inflow ratio A in hover, which depends on the thrust
coefficient Ct. The thrust coefficient is calculated based on the required hover thrust,
the predefined rotational speed w, and the propeller tip radius Ryp. The rotational speed in
hover is defined by the design tip Mach number M.

C T Miip a
A= TT’ CT = —zprop,des 5 Whoy = 7Rtlp . (8)
K2, (wRey)

The next step is to determine the geometric parameters of the propeller blades. Each
blade is linearly tapered, with the taper ratio specified by the user. While a higher-order
twist distribution would yield lower induced power and thus improved performance,
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Voc,stall cosu

the requirement to rearrange the inflow ratio equation and solve for the unknown solidity
using an analytical expression led to this formulation being selected and considered suitable
for the initial stage of the vehicle design, as further propeller optimization is expected
in subsequent design iterations using higher-fidelity methods. For a linearly tapered
blade whose root begins at the nondimensional radius 7, the local solidity distribution is
defined as

4 Omean

Oroot = s
T (B —drg)t+1+4rg )

00.75 = Oroot + (0'75 - 7’0) (U'tip - U'root)~

where the mean thrust-weighted solidity omean is related to the design variable Cy mean

through
6Cr

CL,mearl

(10)

Omean =

The second geometric parameter to be obtained is the blade twist. The blade is
assumed to have a linear twist distribution with an approximated linear inflow ratio. This
allows the twist rate, frate, to be derived analytically from [31]. The blade twist angles at
the 75% radius, root, and tip are then computed using Equation (11). The aerodynamic
characteristics of the airfoil, ¢; , are based on a representative rotor airfoil, such as the

NACA 23012.
20r A
075 = 2
7 3<UTCla - 2)

Broot = 075 — (0.75 - rO) Orate
etip = Broot + (1 - 7’0) Orate

(11)

The final step in the iterative blade design procedure is to determine the advance ratio,
Ustall, @t which stall of the retreating blade occurs and significant power losses begin to
arise, following the approach proposed by [33],

with k=317 — 2.7(6ip — broot) (12)

—1_ CL,mean E
Hstall 3

€], max

The design process is iterated by adjusting the solidity and blade twist until the mean
lift coefficient, Cp, mean, is maximized while satisfying the retreating-blade stall constraint,

Hstall = Preq-
The required advance ratio, jireq, is defined as

05
CL crui .
Veruise,des (ﬁ) (winged rotorcraft)

with Voo,stall = (13)

wR kstall Vcruise,des (multirOtor)

where V, 41 represents the flight speed at which stall of the retreating blade occurs.
For powered-lift configurations, this speed corresponds to the fixed-wing stall speed, esti-
mated using the design cruise wing lift coefficient Cy, cryise and the wing airfoil’s maximum
lift coefficient Cy, max. For multirotor configurations, it is obtained by applying a margin
factor kg, above the design cruise speed, typically in the range 1.05-1.10.

2.3.3. Wing

The wing is designed for cruise flight and features a trapezoidal planform. The wingspan
b depends on the vehicle configuration, but is constrained by the landing pad dimensions.

https://doi.org/10.3390/aerospace13070566
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It may be set equal to the landing pad length L; p, or, if wingtip propellers are used, reduced
by the radius of the tip propellers on both sides.

The procedure uses several user-defined parameters, such as the wing thickness-to-
chord ratio t/c (typically 18-20% due to structural and battery volume requirements),
leading-edge sweep Ayg, dihedral angle I, and taper ratio A. The atmospheric design
conditions, i.e., design altitude and temperature, are also specified.

The remaining geometric parameters, including root, tip, and mean chords, are ob-
tained through an optimization procedure that minimizes the portion of cruise power
attributable to the wing. The design variable is the cruise lift coefficient Cp, cryise, Which is
adjusted to maximize the lift-to-drag ratio while minimizing wing mass, subject to con-
straints on aspect ratio and the required maneuvering capability (e.g., sustaining a 60°
banked turn during cruise).

The optimization problem is formulated as

Minimize Pyying (Crcruise)

2n myro (14)
Y V<>20 Sref ’

ARjower < ARwing < ARupper/

subjectto  Cpmax >

The objective function is formulated to minimize the cruise drag power related to the
wing Pying, accounting for the trade-off between its aerodynamic efficiency and structural
weight. On the one hand, reducing the wing area and increasing the aspect ratio improves
the lift-to-drag ratio. On the other hand, higher wing loading and aspect ratio increase the
wing mass, which in turn raises the total aircraft weight. This balance is captured by the
following expression:

(15)

P Wing(CL,cruise) = <1 + wing > _“Djtot

MMTO CL,cruise

The wing mass is estimated using the Cessna semi-empirical relation [34] as a function
of maximum take-off mass myro (Ib), aspect ratio AR, and reference wing area S, (ft?):

mwing = 0.04674 (38 mMTO)O‘398 Sge%ﬁo AR1'172, (16)

Wing drag is calculated using the drag build-up method described in Section 2.4 (see
Equations (19), (20) and (22)). Since the drag contributions of other components are not
yet known at this stage, the wing parasitic drag is assumed to represent approximately
one-third of the total parasitic drag for this type of vehicle.

2.3.4. Pylon

The pylons supporting the VTOL propellers can be represented either as tubular (cylin-
drical) structures or as wing-shaped lifting surfaces, depending on the vehicle configuration.
Their dimensions are scaled proportionally to either the propeller hub or motor diameter.

A simple parametric relation is used to define the pylon length:

(1+ ZkA)Rtip +0.5Ccwmean (short booms)

L ={2(1+ ZkA)Rtip + Cwmean (long booms) (17)

pylon

Yrotor sec(77/4) (Quadrotor)
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Here, kp represents the distance between the propeller and the wing as a fraction of
the propeller diameter, Riip is the propeller radius, and cw,mean is the mean chord of the
wing. The span-wise locations of the motors are obtained from the propeller layout.

2.3.5. Electric Motor

The electric motor diameter is assumed to be equivalent to the propeller hub diameter.
Motor sizing is carried out by evaluating three flight conditions: hover, climb, and cruise.
For each of these conditions, the relevant performance parameters, thrust T, power P,
and rotational speed w, are computed based on the vehicle configuration and the propeller
type. In hover, a thrust increase of 10% is included to account for maneuvering. For climb,
the design-point conditions are assumed to include a specific rate of climb at the top
of climb.

These performance parameters define the motor ratings, namely the maximum contin-
uous power (MCP), maximum rated power (MRP), and contingency rated power (CRP),
along with their corresponding torque values. The specific definition of these ratings
depends on the propeller type, as summarized in Table 1. These maximum ratings are
needed for selecting a motor capable of meeting performance requirements across all flight
conditions and for estimating its mass, as described in Section 2.6.3.

Table 1. Motor power ratings for the different propeller types.

Propeller Type MCP MRP CRP

Tilt-propeller Cruise Hover Hover OEI
Lift-propeller (winged) Hover Hover Hover OEI
Lift-propeller (wingless) Cruise Hover Hover OEI
Forward propeller Cruise Climb Climb OEI

The motor sizing process accounts for both all-propellers/all-motors-operative condi-
tions and motor/propeller failure conditions, also referred to as one-engine-inoperative
(OEI). In OEI scenarios, depending on the configuration, an opposing motor may be deac-
tivated to maintain vehicle stability. This leads to an increase in the required thrust and,
consequently, the required power per remaining motor. For configurations with a larger
number of lifting propellers, this effect is less pronounced.

2.4. Mission Performance Analysis

Mission definition and analysis

The mission analysis incorporates a dedicated module to calculate the vehicle per-
formance across different mission profiles (including multi-leg operation), covering both
vertical and forward flight. The mission is defined as a sequence of several types of flight
phases, as illustrated in Figure 5.

Four types of flight segments are considered. The hover and axial climb/descent
segment represents purely vertical flight, encompassing stationary hover and climb or
descent with only axial (vertical) velocity. The rotorcraft climb/descent segment involves
horizontal acceleration or deceleration combined with a change in altitude, with lift gener-
ated exclusively by the propellers/rotors, while during the fixed-wing climb or descent
segment, lift is generated solely by lifting surfaces. The cruise segment models steady
forward flight (both rotorcraft and fixed-wing) at constant speed and altitude.

For each segment, altitude, speed, climb or descent rate, range, or duration are spec-
ified. Each segment is discretized into N, steady-state control points, which provide
sufficient temporal and spatial resolution to evaluate the vehicle performance throughout
the mission. At each control point, the atmospheric and flight conditions are computed,
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and a set of force-balance equations is solved to determine the required thrust, aerodynamic
forces, and propeller power.

cruise
' . . O S ' .
fixed-wing climb . < fixed-wing descent
rotorcraft climb k‘ Mission ‘—\_;f rotorcraft descent
performance
22 flight phases S

hover / axial climb

i hover / axial descent

Figure 5. Schematic representation of the mission segment types considered in the performance
analysis block, with corresponding force contributions.

The governing force-balance equations for the different flight segments are given by

T = mt0 o (hover, axial climb/descent)

Tcos(a —7) =W+ D siny
) 5% (rotorcraft climb/descent) (18)
Tsin(a —7) = D cosy — % Ay
0
T =D; + mro (go siny; + a) (fixed-wing climb/descent/ cruise)

For hover and axial climb or descent, the required thrust equals the vehicle weight,
where mtg is the take-off mass and gy is the gravitational acceleration at sea level.

For rotorcraft climb and descent, the required thrust T and propeller disk incidence
angle « are functions of the take-off mass myp, horizontal acceleration ay, climb angle v,
and aerodynamic drag force D. These quantities are obtained by solving the system in
Equation (18) using a numerical root-finding method.

In the fixed-wing climb, descent, and cruise segments, the required thrust is deter-
mined from the take-off mass mtg, the flight path angle -, and the acceleration a.

The present implementation relies on simplified aerodynamic representations and
force-balance formulations that are intended for conceptual design studies; stability and
control derivatives are not currently evaluated. Future developments could incorporate
semi-empirical methods from aerodynamic prediction tools, such as the USAF Stability
and Control Digital DATCOM [35], to provide better lift, drag, and moment coefficient
estimates as well as stability derivatives for powered-lift configurations. Such an approach
would improve the fidelity of the aerodynamic model while maintaining computational
efficiency suitable for early-stage design exploration.

Drag build-up

The aerodynamic drag is estimated using the drag build-up approach in [30], in which
the total drag coefficient is decomposed into induced and parasitic drag:

Cp = Cp, + Cp, (19)

The induced drag coefficient is computed as

Cp, = ﬁ C?  with e=1.78(1—0.045 AR"%®) —0.64 (20)

where e is the Oswald efficiency factor [36] and AR is the wing aspect ratio.
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The parasitic drag coefficient is obtained from a component-wise build-up method:

Cpy = |Cawing T Cd tail + Cd,fuse T Cd,LG
(21)
+ ¢d,pyl Npyl + (Cd,blade + Cd,hub) antprop] kcrup

where kcryp is a correction factor accounting for the cumulative result of undesirable
drag [30].

The parasitic drag coefficient of each component (wing, tail, fuselage, landing gear,
pylons, blades, hubs) is calculated as

0.455

Swet .
Cp,comp = = (cfFFIF) with c¢f=
" S (s FEIF) ! (logy(Re) )™ (1 +0.144 %)0'65 @)

Here, Syt is the wetted area, S,of the reference area, FF the form factor, IF the inter-
ference factor, and ¢y the skin friction coefficient. The Reynolds number Re is based on
a characteristic length of the component, V,, is the freestream velocity, a is the speed of
sound, and y is the dynamic viscosity. A fully turbulent flow is assumed, which provides
conservative drag estimates.

The form factor FF for wing, tail, fuselage, and pylons is taken as the average of
methods proposed in [36—40].

The landing gear drag is estimated using empirical correlations representative of
general aviation aircraft. The streamlined landing gear type 12 is assumed for the main
gear and type M2 for the nose gear, similar to Cirrus SR-22 [30]:

( D tire Wtire )

ACp, (23)
S ref

Ca1G —
The tire diameter and width are determined following [36]
Diire = 0.051 WO and  Wige = 0.023 W12 (24)

where Wyy is the weight on the wheel and Dyjre and Wi are given in meters.
Propeller power calculation

The total thrust required at each control point along the mission, obtained from the
force-balance equations (see Equation (18)), is distributed among the active propellers at
this flight condition.

For each propeller, power and torque are computed using a propeller performance
model, as a function of required thrust Ty, propeller angular velocity w), disk inflow
velocity Vyjsk, the freestream velocity, Vi, the disk incidence angle a4;x and air density p:

Pprop ’ Qprop = f(Tprop/ Viisks Voo, X disk, W, P) (25)
The propeller power is decomposed into induced and profile components:
Porop = € T (v; + V) 4+ p Ag (wR)? Cpo (26)

The induced power is computed using momentum theory with a correction for non-
uniform inflow, where « is the induced power factor (typically x ~ 1.15 for rotorcraft), v; is
the induced velocity, and V; is the axial inflow velocity at the propeller disk.
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The profile power is estimated based on blade element momentum theory (BEMT),
where A; is the disk area, w the rotational speed, R the propeller radius, and Cpg the profile
power coefficient.

The profile power coefficient is given by

1
CPO = g o Cd,mean F (27)
where ¢ is the propeller solidity and Cj jean is the mean sectional drag coefficient, ap-
proximated from the airfoil drag polar. The factor Fp accounts for the effect of combined
edge-wise and axial inflow on the blade section velocity [14,41]. It is computed as

5 3 24+T7uly+4ut, 9t
> = 1 2 1 Y2 Y2 tot tot 7
= 1 Sk G

A1+ +1 28)

Htot

§4 §2 2 2 4

where the advance ratios are defined as follows:

Voo COS Voo SIN
H=7WR ?, H2 = 70R 2 Hrot = \/ W2 + 12 (29)

Finally, the total shaft power required, accounting for propulsion system efficiencies,
is given by

h prop

Pshaft = (30)

Nmotor Melec

The results of all mission segments are aggregated into a comprehensive mission
dataset and form the power demand for the subsequent battery sizing. The resulting
performance data is recorded for each segment and used for subsequent analyses, such as
energy consumption estimation and battery sizing.

2.5. Battery Sizing

Battery model and initial sizing

The method of determining the battery size (i.e., the number of battery cells) is based
on the power demand along the mission profile, which is obtained from the mission
performance analysis. The battery is modeled as a pack composed of multiple modules,
each containing electrically connected, identical cells. The characteristics of each cell
are defined by a nominal voltage V| nom, Nominal capacity Ceejj nom, Maximum voltage
Veellmax, cutoff voltage Vi of, and discharge-rate-dependent internal resistance Ryot,
which is derived from the discharge characteristics.

The sizing process is initiated using a mass-based relation and a nominal electrical
architecture. The initial estimate of the usable pack energy is computed as

Epatt,init = ﬁ foat MmTO, 31)
pack
where e is the cell gravimetric energy density, dpack is the pack overhead factor accounting
for the structural housing and thermal management, f;,,; is the battery mass fraction,
and myto is the maximum take-off mass.
For a specified nominal bus voltage Vit nom, the required number of cells in series 715
and in parallel m,, is determined as follows:
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Vo
tt,
ng = 2RNOM  ang gy, =

Vcell,nom

E
batt (32)

ns Vcell,nom Ccell,nom

Overall battery sizing procedure

The overall battery sizing procedure is formulated as an iterative loop that ensures
both power and energy requirements are satisfied over the entire mission profile, as shown
in Figure 6. The process begins with defined cell and pack parameters of the initialized
battery, along with the mission power demand profile and the state-of-charge (SOC) limits.

Unpack
parameters

Recalculate
I number of cells
A

Addcole
energy capacity
Add cells

Remove cells

No

Figure 6. Overall battery sizing workflow and convergence scheme.

At each operational point, the total power required, consisting of the propulsion power
and the motor and power electronics losses, is applied as a load to the battery system.
The distribution of power demand across all cells is such that the power per cell is given by

P, demand,tot (33)

P =
demand,cell 1 iy

The behavior of each cell is analyzed using a discharge model that approximates the
battery cell as a simplified equivalent circuit comprising a voltage source and an internal
resistance network. The model focuses on electrical performance and does not explicitly
account for thermal effects, battery aging, cell balancing, or degradation mechanisms.
The procedure, illustrated in Figure 7, is based on the models presented by Vratny [42] and
Chen [43]. Further details of the model are provided later in this subsection.

CGD)—| =] |

Vaom = (50C)

Voc = Vnom ~ Vimax

Pavailable.max

SOC end

Figure 7. Computation scheme for battery cell discharge behavior (adapted from [42]).
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The analysis is carried out sequentially for the entire mission profile, with the state
of charge being updated at each time step. At the end of each iteration, the maximum
deliverable power, which is limited by the maximum discharge C-rate, is compared to the
required power, and the minimum battery capacity is adjusted if necessary. In addition,
the final state of charge is compared to the target value, and the battery size is increased or
reduced accordingly. The procedure is repeated until a convergence tolerance of 1% is met.

Cell discharge equivalent circuit

The cell discharge model evaluates the equivalent circuit at each operating point of the
mission power demand profile by iteratively solving Ohm'’s law, as illustrated in Figure 7.
For a given instantaneous cell power demand, the current is obtained from

I= W with Vi = Voc — Rt I and  Voc = Vhorm Vimax (34)
where V1, denotes the voltage under load, V¢ is the open-circuit voltage at the given
state of charge, and Ryot represents the internal resistance. The normalized voltage Vhorm is
defined as the ratio of the discharge voltage at C/5 (0.6 A) to the maximum cell voltage.
The internal resistance is derived from measured discharge characteristics at 0.6 A, 3 A, 10 A,
and 20 A and interpolated to the instantaneous current, thereby capturing its dependence
on both SOC and C-rate. The corresponding discharge curves for the Murata VIC6 cell,
used for the verification cases in Sections 3.2 and 3.3, are provided in [44].

The iterative solution is continued until the provided electrical power (Vi1 I) matches
the required Pyepnd cerr- If convergence is not achieved within a prescribed number of
iterations, or if the resulting current exceeds the maximum allowable C-rate, the operating
point is considered infeasible for the given battery. The maximum instantaneous cell power
is evaluated as

P cell, max — Voc Imax — Riot Irznax with  Iypax = rate,max Inom, (35)

where I;om is the nominal cell current corresponding to Ceej nom-
Once convergence is achieved, the state of charge is updated using Coulomb counting;:

I At; C ;
i i with Cact _ cell,nominal , (3 6)
act Crel

SOC;,1 = SOC; —

where C,t represents the effective available capacity. The factor C,. denotes the relative
capacity, accounting for C-rate-dependent capacity variations, and is derived from the
adopted discharge model [42,43].

2.6. Estimation of Vehicle Mass
2.6.1. Overall Mass Breakdown

For the estimation of the vehicle mass, a component-based method is implemented.
In this approach, the total mass is decomposed into a set of individual components, each of
which is evaluated using either physics-based formulations or semi-empirical correlations,
as illustrated in Figure 8.

The total mass 1, is defined as the sum of all individual component masses:

N
Miotal = Z mj, (37)
i=1

where m; denotes the mass of each component. The components are grouped into several
main categories. The structure group comprises the primary airframe elements, including
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the wing, fuselage, tail, pylon, landing gear, and furnishing. The propulsion group includes
the propeller and motor, along with their respective subcomponents. The systems group
encompasses the environmental control system, flight control system, and avionics. The
payload is subdivided into occupants (pilot and passengers) and luggage. Finally, the
battery is modeled as an assembly of modules containing electrically interconnected cells.

Energy
Structure Propulsion Systems Payload Storage
/\_\i *
P Wing — Propeller - Motor P ECS Occupants |:Battery
{ ) h Flight oo
™ Blade ™ Motor
~ Fuselage ™ control Luggage sy
¥ - b Hub > Gearbox | i
ai _ - L Avionics 2
Is{ Spinner | » Control |
> Pylon
>/ control -
Landing
™ Gear
| Pitch
" Furnishings ' '

Figure 8. Component-based vehicle mass breakdown.

2.6.2. Structure
Wing and tail

The mass of the wing and empennage is estimated using a physics-based formulation
derived from the SUAVE framework [17] and adapted for composite structures, consistent
with the conceptual structural assumptions of the Vahana project [45,46]. The estimation
follows a structural build-up method based on conceptual design loads and simplified
geometry assumptions. In this approach, the wing is represented as a load-carrying
wingbox composed of spars, stressed skin, and discrete ribs, complemented by secondary,
non-load-carrying components distributed along the span, as illustrated in Figure 9.

Spar caps

~<

Trailing e
edge T ” Wing-box

Figure 9. Wing structural idealization for mass estimation.

The sizing procedure determines the contributions from the torsion box, bending
and drag caps, shear webs, leading- and trailing-edge surfaces, ribs, and external coating.
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Structural loads are computed from the Schrenk span-wise lift distribution [47], and are
integrated numerically along the span to obtain shear forces and bending /torsion moments.
All structural thicknesses are sized to satisfy ultimate failure loads or, for the non-lifting
surfaces, the minimum gauge requirements. The total design load incorporates the limit
load factor for a general aviation aircraft of 3.8 with a safety factor of 1.5 [48].

The wing geometry is derived from the vehicle definition and includes the projected
wingspan b, mean aerodynamic chord ¢, thickness-to-chord ratio t/c (approximated from
a NACA four-digit equivalent airfoil), wing area S, forward and aft spar web locations
Xfwd, Xaft, and the shear center location xgc. The primary structure is sized according to
the span-wise load distribution and geometric characteristics, while secondary, non-load-
carrying elements are included as additional mass contributions.

The total wing mass is obtained by integrating the span-wise mass distribution of
the primary structure and adding the contributions of the ribs, while a correction factor
keorr = 1.2 accounts for unmodeled effects and uncertainties:

b/2
Mwing = keorr (2 /O (5mwingbox + ‘Smnonlift) dy + Myjp nribs) ’ (38)

Within the wingbox formulation, the structural mass per unit span is composed of
contributions from torsion, bending in both the y- and x- directions, and shear loads:

(Smwingbox = OMiorsion + fsmMy + dmpix + OMighear (39)

In addition to the load-carrying structure, non-lifting components such as leading-
and trailing-edge surfaces and surface coatings contribute to the overall mass:

OMponlift = OMLE + OmTE + (5mpaint (40)

Pylons

The pylons on which the lift propellers are mounted can be represented either as
tubular (circular) structures or as wing-like lifting surfaces, depending on the vehicle
configuration. For wing-shaped pylons, the previously described wing and tail mass
estimation methodology can be adapted, whereas for tubular configurations, an alterna-
tive cross-sectional representation is employed. The method is based on classical beam
theory [49], in which the load-carrying structure is modeled as a cantilever beam with
a simplified rectangular cross-section. The structure is discretized along its length and
subjected to representative design loads, and the structural mass is obtained using a sec-
tional build-up approach. In this approach, the required material thickness is determined
at discrete span-wise stations and subsequently integrated along the pylon length.

The structural sizing is driven by three primary loads. First, out-of-plane bending
results from the maximum thrust generated in hover, including maneuver loads and
increased thrust in an OEI case. Second, in-plane bending is induced by the propeller
torque acting on the pylon. Third, torsional loads arise directly from the propeller torque
and must be resisted by the structural cross-section.

Fuselage

The mass of the fuselage is estimated using semi-empirical formulations from [14],
which account for structural loading, geometric characteristics, and configuration-
dependent correction factors. The method incorporates the influence of crashworthiness
requirements and landing gear integration on the overall fuselage mass.
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0.4879
Mfyse = Xfuse (1 + f CW) [25'41 f LGloc f LGret ( Ml](;(ojow>

.207
o ((mWep ) 27
1000

(41)

0.1676 70.1512
5 fuse L }

Here, )1y denotes a technology factor reflecting material and structural efficiency
improvements. The term f.y represents the additional mass fraction associated with
crashworthiness requirements (typically 0.06). The factor figo. = 1.1627 accounts for
configurations where the landing gear is mounted on the fuselage, while f gret = 1.1437
captures the additional weight penalty if the landing gear is both fuselage-mounted and
retractable. The maximum take-off weight MTOW is expressed in Ib, n, denotes the
ultimate design load factor, and Wgp is the structural design gross weight in [b. The geo-
metric influence is represented through the fuselage wetted area Sgq, (ft*) and the fuselage
length L (ft).

Landing gear

For the landing gear mass, a semi-empirical formulation from [14] was also imple-
mented. The model distinguishes between wheeled and skid-type landing gear and in-
cludes additional correction factors to capture structural and system-level considerations.

0.4013 MTOW?0-6662 Ngg%o, (wheeled gear),

(42)
fskia MTOW, (skid gear).

mrG = XLG (1 + fcw + fLGret)

Here, x1 denotes a technology factor accounting for advancements in materials
and design. The term f. represents the additional mass fraction due to crashworthiness
requirements (typically 0.15), while fi gret accounts for the weight penalty associated with
retractable landing gear systems (typically 0.08). The maximum take-off weight MTOW is
expressed in [b, and N g denotes the number of landing gear assemblies. For skid-type
landing gear, a simplified fractional approach is used, where fgq is the corresponding
mass fraction (typically 0.14).

Furnishing

The mass of the cabin furnishing is estimated using a simple occupant-based relation,
in which the total furnishing mass scales linearly with the number of occupants:

Mfurnishing = Noccupants kfurnishing (43)

Here, Kfumishing represents the furnishing mass per occupant, typically taken as
30 Ib/person based on the assumptions for the NASA UAM reference vehicles [29],
and Noccupants denotes the total number of occupants, including the pilot.

2.6.3. Propulsion

The propulsion group comprises all components associated with thrust generation,
including the propeller system, electric motor, and power electronics. The mass of each
component is estimated using semi-empirical relations, and the total propulsion system
mass is obtained by summing the individual contributions.

The total propulsion system mass propulsion 1S €xpressed as

Mpropulsion = Mpropeller group + Mmotor group + Mpower electronics group (44)
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Propeller

The propeller group mass is decomposed into five main components: blades, hub,
spinner, propeller control system, and tilting mechanism [14]. The total propeller mass is
therefore given by

Mpropeller = Mblade + My + Mspin + Mprop,ctrl + Myt (45)

The individual component masses are determined using semi-empirical relations that
depend on key geometric and operational parameters, including the number of blades
Ny, propeller tip radius Ryp ( f1), mean blade chord cmean (ft), natural flap frequency
Vplade (rev™ 1), spinner diameter Dgpin (f1), and tip speed Vi, (ft/5). The tip speed corre-
sponds to the maximum operating condition, typically during contingency hover. For con-
figurations with tilting propellers, the tilting mechanism mass is related to a fraction f;; of
the maximum thrust Tmax (Ib). Each component can be further adjusted via a technology
factor x to reflect material and design improvements.

0.6592 11.3371 0.9959 1,0.6682 . 2.5279
mblade - 0.02606 Xblade Nb R : C V Vblade ’

tip mean Y tip
0.2807 121.5377 1,0.4290 , 2.1414 _ 0.5505
Mhub = 0.003722 Xhub Ny ™™ Riip™ Viip ™ Vi Mblade -
2
Mgpin = 7.386 Xspin Dspin/ (46)

0.6257 .1.3286 2.1129
Mprop,ctrl = 0.2873 Xprop,ctrl Nb Cmean (0'01 Vtip) ’
Mgt = Xilt feile Tmax-
Electric motor

The masses of the electric motor and its gearbox are estimated following the methods
in [14]. The gearbox employs the AFDDO00 model, with its mass calculated as

0:09899
s = K (557634 NG PRI SO0 @
rotor
where Ppg, _ is the drive shaft power limit corresponding to the required take-off power
(hp), Nrotor is the number of rotors, Weng is the electric motor rotational speed, and wrotor is
the rotor speed (rpm). The gearbox efficiency is assumed to be 0.98 [50].
The motor mass is estimated using the updated regression NDARC model, which
relates the motor mass to its peak torque, as shown in [19]:

Mmotor = Xmotor (0-3928 Q?ﬁgiw) ’ (48)

where Qmax is the peak torque of the motor in ft — Ib. The scaling factors Xgb and Xmotor
account for technological improvements.

Power electronics

The mass of the power electronics is estimated based on the relation of the system
mass to its maximum continuous power Ppax and the specific power kpg in kVA/kg.
A representative value of kpp = 8 kVA/kg, as suggested by [51], is adopted. The resulting
power electronics mass is given by

P,
mpp = ——— (49)
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Wiring

The mass of the electrical wiring is estimated using the wire linear density, as shown in
Equation (50). In the current implementation, the total cable length is approximated as the
sum of the distances from the vehicle center of gravity to each motor. The high-performance
battery cable EXRAD™ XLE 150 SAE [52], with a linear density of Ayie = 0.57 Ib/ft, is
used. This cable type has been applied in the design of tiltwing eVTOL configurations
within the NASA UAM Reference Vehicles [19] and is representative of the voltage and
current levels expected for electric motors in this class of vehicles.

Mywire = Luire )\wire (50)

2.6.4. Systems
Fixed wing flight control

The mass of the fixed-wing flight control system is estimated using a semi-empirical
formulation presented in [53]. The mass is expressed as

0.602
MEW ctrl = X [0.404 Sfé’w (%) n2'525 %i%;leS 51)
where the dive dynamic pressure is defined as
- Pc ar 2
leve = 1481.35 0 Mﬂmax (52)
0

Here, x is the technology factor, 5S¢ is the wing reference area, MTOW is the maximum
take-off weight in [b, and #, is the ultimate load factor. The term p./po denotes the ratio of
air density at cruise altitude to that at sea level, while Qg;ye represents the dive dynamic
pressure in psf. The maximum Mach number Mamax is based on the dive speed, which is
assumed to be 20% above the cruise speed.

Avionics and environmental control

The avionics mass is assumed as a fixed value of 40 1b, based on the NASA UAM
reference vehicles [29].

The mass of the environmental control system (ECS) is estimated using a per-occupant
scaling, proportional to the number of occupants (including the pilot). A coefficient of
kgcs = 15 Ib/person is used, following [29]. The resulting ECS mass is given by

mgcs = Noccupants KEcs (53)

2.6.5. Payload

The vehicle payload accounts for both occupants and their luggage. The total payload
mass is calculated as

Mpayload = Noccupants (kperson =+ kluggage) (54)

where kperson = 90 kg represents the average mass per occupant, kjyggage = 10kg is the
luggage mass per occupant, and Noccupants includes all occupants, including the pilot.

2.6.6. Battery

The battery mass is determined through the battery sizing procedure described in
Section 2.5. It is calculated by evaluating the total number of battery cells and including a
pack-level overhead factor to account for structural housing and thermal management.
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3. Verification

In a previous study [28], the capabilities of the proposed framework were introduced,
together with a sensitivity analysis of key input parameters, such as hover propeller tip
speed, cruise speed, and battery energy density. That study carried out a comparative
assessment of four representative eVTOL configurations (Quadrotor, Lift + Cruise, Tilt-
Propeller, Lift + Lift/Cruise) for a defined reference mission consisting of four passengers
transported over a distance of 100 km at a cruise speed of 240 km/h. The analysis identified
the principal design drivers governing these configurations and quantified the impact of
battery energy density, cruise speed, and propeller hover tip Mach number on MTOM,
mission energy, and power requirements in both hover and cruise. Additionally, the effects
of anticipated mid- and long-term technology improvements were evaluated.

The present study focuses on a detailed verification of the developed tool and its
underlying methods. The objective is to assess those methods that deviate from established
handbook approaches traditionally used for fuel-powered and fixed-wing aircraft. In par-
ticular, emphasis is placed on lift-propeller sizing and performance modeling, as well as
on the battery discharge model. The propeller model is verified through a comparison
with data from conventional helicopter rotors and representative eVTOL propeller designs,
while the battery model is evaluated against experimental results. Finally, to assess the
overall design, a reference case based on the NASA Urban Air Mobility Reference Vehi-
cles [29] mission is considered, in which two configurations (Lift + Cruise and Quadrotor)
are compared against results obtained with NASA'’s higher-fidelity NDARC.

3.1. Propeller Sizing and Performance

Description of the dataset

For the verification of the lift-propeller sizing method, a dataset comprising both
conventional helicopter rotors and conceptual eVTOL configurations designed by NASA
was compiled. The selected cases cover a wide range of thrust, power, disk loading,
and power loading, ensuring a comprehensive evaluation across different rotorcraft scales
and operating regimes.

The dataset includes rotor data from manufactured helicopters, namely the MBB Bo
105 [54], Eurocopter EC 135 [15], Aérospatiale SA 365N Dauphin [55,56], and Sikorsky
UH-60A Black Hawk [57].

In addition, several eVTOL concepts from NASA’s Urban Air Mobility reference
vehicle directory [29] were incorporated. These include three rotorcraft configurations: a
turboshaft-powered single main rotor configuration (SMR TS) [58], a side-by-side electric
helicopter configuration (SbS E) [18], and a Quadrotor configuration with a turboshaft
engine (Quad TS) [18]. Additionally, there were three powered-lift configurations—a
turboelectric tiltwing configuration (TW TE) [19], an all-electric twin-tiltrotor (TR E) [21]
and an all-electric six-tiltrotor (TR6 E) [59].

Table 2 summarizes the key rotor geometry and performance parameters for the
configurations considered in the verification dataset.

The dataset spans a wide design space in terms of size, thrust, and power, with rotor
diameters between 2.23 and 16.36 m, hover thrust ranging from 3.8 to 73.6 kN, and hover
power from 54 to 1569 kW. Disk loading varies substantially across configurations: con-
ventional helicopters operate in a narrow range of 304-351 N/m?, the NASA rotorcraft
ranges from 168 to 192 N/m?, while the powered-lift distributed propulsion concepts are
significantly higher, ranging from 479 to 962 N/m?. Regarding rotational speeds in hover,
the helicopter designs operate at hover tip Mach numbers around 0.65, while the NASA
concepts are designed with hover tip Mach numbers around 0.5, due to the design criterion
of a reduced noise footprint. The solidity of the rotorcraft lies in the range of 0.058 to 0.083,
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while it is substantially higher for the powered-lift configurations, between 0.143 and 0.247,
due to the higher disk loading. The blade loading for all configurations ranges from 0.071
to 0.113.

Table 2. Reference geometric and performance parameters for the analyzed rotors/propellers.

Parameter Unit Bo105 EC135 SA 365N UH-60A SMRTS QuadTS SbSE TWTE TRE TR6E
Thrust kN 23.0 285 392 73.6 16.7 4.2 109 3.8 15.7 49
Diameter m 982 102 1193 16.36 10.55 5.61 9.08 223 646 2.86
Num blades - 4 5 4 4 4 3 4 5 6 5
Rotational speed  rpm 424 395 349 258 304 571 352 1435 495 1120
Hover tip speed m/s 218 211 218 221 168 168 168 168 168 168
Hover tip Mach - 0.64 062 0.64 0.65 0.49 0.49 049 049 049 049
Solidity - 0.07  0.072 0.082 0.083 0.067 0.065 0.058 0247 0.143 0.228
Blade loading - 0.075 0.089 0.074 0.071 0.084 0.075 0.084 0.113 0.097 0.098
Cruise speed m/s 675 65 72 74.6 48.5 62.8 504 76.1 8  66.3
Hover power kW 395 479 743 1569 267 54 145 104 355 122
Disk loading N/m? 304 349 351 350 192 168 168 962 479 767
Power loading kg/kW 5.9 6.1 5.4 4.8 6.4 7.8 7.7 3.7 45 41
Solidity prediction
The first part of the verification is to obtain the solidity based on rotor diameter, design
thrust, rotational speed, and the advance ratio for each of the rotors in the dataset. One
important note is that the blade stall initiation speed for each rotorcraft is assumed to be 5%
above the cruise speed given in Table 2. Thus, the 4, values for the rotorcraft lie between
0.3 and 0.4. For the powered-lift configurations, the propellers must be able to carry the
total weight during transition up to a certain speed. For all configurations, this forward
velocity is assumed to be 35 m/s, corresponding to the point at which the tilt angle for the
tiltwing configuration reaches 45 degrees (value from [19,29]). This results in a blade stall
initiation advance ratio p,;; of around 0.21.
The results for the solidity and corresponding blade loading are shown in Table 3.
On the left subplot of Figure 10, the solidity as a function of the design thrust is shown,
while the normalized characteristic parameter, the blade loading as a function of disk
loading, is presented on the right subplot of Figure 10. The comparison of calculated and
reference solidity values shows overall good agreement across the full range of investigated
rotors. As illustrated in Figure 10 (right), the model captures the general trend of increasing
blade loading with increasing disk loading. The mean absolute percentage error (MAPE)
amounts to 7.5%. The model tends to underpredict the solidity for the majority of the
helicopter rotors, with differences ranging from —1.7% to —13.3%. For the NASA UAM
distributed propulsion configurations, the method tends to overpredict the solidity.
Table 3. Comparison of predicted and reference rotor parameters, including solidity, blade loading,
hover power, and power loading, with relative deviations and MAPE values.
Parameter Unit Bo105 EC135 SA365N UH-60A SMRTS QuadTS SbSE TWTE TRE TR6E MAPE
Solidity - 0.062 0.075 0.075 0.072 0.062 0.069 0.057 0.254 0.164 0.216
A % —-11.4 42 —8.5 -133 —69 6.2 -17 28 147 -53 75
Blade loading - 0.084 0.085 0.080 0.079 0.087 0.071 0.086 0.110 0.085 0.103
A Y% 129 —-41 93 11.6 4.6 -59 2.1 —-26 —129 54 7.14
Hover power kW 365 476 664 1314 222 54 137 115 325 126
Y% -76 —06 —10.6 -163 —168 —0.8 —-54 10.2 -85 33 8.0
Power loading kg/kW 6.3 6.1 6.0 5.6 7.6 8.0 81 34 49 40
A Y% 6.8 1.1 10.7 17.9 18.1 2.7 5.7 -84 92 -3.2 838
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Figure 10. Comparison of predicted and reference-sized parameters: (left) solidity in relation to
design thrust; (right) blade loading in relation to disk loading.

Power calculation

After sizing the investigated propellers, their performance in hover was calculated,
with the results shown in Table 3. As shown in Figure 11 (left), the model accurately
captures the expected increase in hover power with design thrust across the full range of
configurations. Figure 11 (right) shows that the model also reproduces the inverse relation-
ship between power loading and disk loading, with higher disk loading configurations
exhibiting lower power loading due to increased induced power requirements. Similar to
the solidity sizing, the calculated hover power agrees well with the reference data, with a
mean absolute percentage error of 8.0%, indicating that the scaling of induced and profile
power is well represented. The model tends to underpredict the hover power for the
helicopter rotors, with deviations ranging from —0.6% to —16.3%, while for the highly
loaded powered-lift propellers of configurations TR6 E and TW TE, it overpredicts the
power by 3.3% and 10.2%, respectively.

Hover Power vs Design Thrust Power Loading vs Disk Loading

1600

@ Hover Power (ref) ° 84 H ® Power Loading (ref)
Hover Power (calc) Power Loading (calc)
1400 7
L]
1200 6 °
B
[ (]
= | <
£ 1000 EEE .
@ o °
H £ P
S 800 o S 4
8 § .
3 ]
T 6004 2 319
&
400 . B8 2
°
200 4 ~ 1]
0 T T T T T T T 0 T T T T
0 10,000 20,000 30,000 40,000 50,000 60,000 70,000 0 200 400 600 800 1000
Design Thrust [N] Disk Loading [N/m?]

Figure 11. Comparison of predicted and reference performance parameters: (left) hover power in
relation to design thrust; (right) power loading in relation to disk loading.

3.2. Battery Performance

Due to the characteristic eVTOL mission profile, the battery is subjected to high
discharge currents both at the beginning and at the end of the mission. In particular,
the landing segment requires the delivery of high power at an already low state of charge.
As this represents a critical operating condition, it is essential to verify that the battery model
accurately captures the discharge behavior over the entire depth of discharge, ensuring
that the battery can be reliably sized with respect to both power and energy capacity.
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Description of the study case

For the verification of the battery discharge model, a representative experimental
dataset from [60,61] was used. In that study, a comprehensive set of battery discharge
profiles for eVTOL applications was generated based on experimental testing of lithium-
ion cells under varied loading conditions. The dataset comprises measurements from
22 individual cells and captures the transient response of the battery under varying dis-
charge rates.

The experiments were conducted using Sony-Murata 18650 VTC-6 cells [44], which are
well suited for eVTOL applications due to their high specific energy and power capability.
Each cell has a nominal capacity of 3200 mAh and a nominal voltage of 3.6 V, corresponding
to a specific energy of approximately 230 Wh/kg. The cells are capable of sustaining
continuous discharge C-rates of up to 10 C.

The representative mission profile for each of the experimental cases consists of three
distinct phases: take-off, cruise, and landing, as illustrated in Figure 12. For the present
verification, the most demanding test case was selected (VAHO02 in [60], corresponding to
the black line in Figure 12), which is characterized by an extended cruise duration and
therefore results in a high depth of discharge prior to landing. The power profile is defined
as follows:

o  Take-off: 54 W for 75s;

e Cruise: 16 W for 1000 s (increased from a baseline of 800s);
¢ Landing: 54 W for 105s.

§ Variation in Mission Parameters for Testing Campaign CC-CV Charging
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Figure 12. Power profiles for all 22 battery test cases from [60,61] under representative eVTOL mission
conditions. The selected verification case (VAHO02) is highlighted in black. Source: [60,61].

Discharge simulation results

Since the battery discharge model does not include degradation effects, the verification
mission was tested for two battery conditions: a new cell and a cell at the end of life (EOL).
Key parameters such as the C-rate and state of charge (SOC) are shown in Figure 13, while
the voltage and current profiles are presented in Figure 14.

In the upper subplot of Figure 13, the C-rate during discharge is illustrated. The new
battery starts at an SOC of approximately 100%, while the end-of-life battery begins around
80%. As degradation effects are not explicitly included in the model, the 80% initial
SOC is used as a proxy for the end-of-life battery with 80% state of health (SOH). Since
the model does not include transient effects, sudden changes in power demand appear
as sharp jumps. Overall, the C-rate predicted by the model follows the experimental
values closely. The most critical region occurs when the SOC is low, and a large power
demand is required—corresponding to the high-power burst during landing at the end
of the mission. Here, the model cannot fully capture the strong nonlinearities, with a
maximum deviation in instantaneous current/C-rate of approximately 15%. Although the
model slightly underpredicts the instantaneous current during the landing power burst,
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this occurs over a short time interval and therefore has a negligible impact on the total
discharged energy. Furthermore, the predicted C-rate remains well below the cell’s rated
discharge limit and therefore does not affect the power requirements during landing.
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Figure 13. Battery verification results: C-rate and SOC during the mission for both new and end-of-
life cells.
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Figure 14. Battery verification results: voltage and current profiles for new and end-of-life cells
during the mission.

For conceptual design and battery sizing, the total available energy and the corre-
sponding depth of discharge are of major importance. This is shown in the lower subplot of
Figure 13, where the SOC decrease closely follows the experimental data for both new and
end-of-life cells. For the new cell, the SOC decreases from 100% to about 36% (experiment)
versus 38% (model), corresponding to roughly a 5% deviation. For the end-of-life cell, SOC
decreases from 82% to 13% with a deviation of less than 1%.

3.3. Vehicle Sizing Verification

To verify the overall sizing procedure, two eVTOL aircraft are designed based on the
NASA UAM reference mission defined in [8]. The reference vehicles were designed using
NDARC [14], where CAMRAD II [62] was employed for the rotor aerodynamic design.
The corresponding vehicle geometries were generated using the CAD OpenVSP [63].
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The reference vehicles are publicly available online [29]. The dataset includes OpenVSP
models, from which the geometric data used in this comparison are extracted, as well as
NDARC input files that enable verification of modeling assumptions, particularly with
respect to mass estimation.

3.3.1. Vehicle and Mission Description

Mission description

A summary of the primary design mission segments is provided in Table 4, and the
corresponding mission profile is illustrated in Figure 15. The mission consists of two legs,
each with a range of 37.5 nmi (=70 km), and includes a reserve of 20 min at cruise power.
The operations assume a take-off and landing altitude of 6000 ft (=1830 m) and a cruise
altitude of 10,000 ft (=3000 m).

The implemented mission profile differs slightly from the original NASA definition in
order to align with the capabilities of the present tool. In the reference mission, take-off
and landing are modeled as taxi segments at 10% power for 15 s, and the landing transition
is assumed to last 30 s. In the present work, these phases are approximated by a 15 s hover
during take-off and a total of 45 s hover during landing.

Furthermore, the transition climb in the NASA mission is modeled as a 10 s segment
at 100% power. In contrast, the current implementation assumes a linear acceleration phase.
For the multirotor configuration, a climb rate of 900 ft/min is used. For the powered-lift
configuration, the transition consists of a climb to 500 ft, followed by a fixed-wing climb to
4000 ft above ground level.

Another characteristic of the mission profile, consistent with the NASA UAM reference
mission, is that no explicit descent segment is defined. Instead, the cruise segment is
maintained until the landing phase begins. This approach leads to a conservative estimate
of energy consumption, since the potential energy associated with altitude loss is not
recovered through a dedicated descent segment.

Table 4. Parameters of the individual mission segments of the implemented verification mission.
Adapted from [8].

Segment 1 2 3 4 5 6 7 8
Initial Alt. (MSL ISA) [ft] 6000 6000 6050 6500 10,000 6050 6000 10,000
Final Alt. (MSL ISA) [ft] 6000 6050 6500 10,000 10,000 6000 6000 10,000
Time [s] 15 30 telimb,tr tclimb feruise 30 45 1200
Distance [nmi] - 0 D dimb tr Daimb  37-5 — Dfimb 0 0 Deruise res
Speed [knots] - - Vy Vy Vor 0 0 Vior
ROC [ft/min] - 100 900 900 0 —100 O 0
Percent of Max Power 100% 100% 100% Paimb Peruise 100% 100% Peruise
Vdesign JL
A== r—
B ==, e
ft??ncin .,V no credit at Vgesign
f_ii" ’ i descent
- ~+
50 ftl i Isoft
= 4 e
37.5 nmi

Figure 15. Graphical representation of the two-hop mission profile based on the NASA UAM
reference mission. Adapted from [8].
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Vehicle Description

For the vehicles, the design payload requirement is defined as 1200 Ib (approximately
540 kg), corresponding to six passengers, each with a mass of 90 kg and 10 kg of luggage.
The battery technology is assumed to have a pack-level effective gravimetric energy density
of 400 Wh/kg, of which 30% accounts for battery management systems and pack structural
components. The battery depth of discharge is 80%, corresponding to a discharge from 95%
to 15% state of charge.

Two representative eVTOL configurations are considered for the verification of the
sizing methodology, as shown in Figure 16.

(a) Quadrotor (b) Lift + Cruise

Figure 16. Graphical representation of the vehicle configurations used for the verification of the
eVTOL design procedure. (a) Quadrotor configuration with four lift-propellers arranged in an X-
configuration. (b) Lift + Cruise configuration featuring eight distributed lift-propellers for vertical lift
and a separate pusher propeller for forward flight.

The first configuration is a Quadrotor design. This vehicle utilizes four three-bladed
lift-propellers, analogous to helicopter rotors, which provide vertical lift during hover
and both lift and propulsive thrust during forward flight. The rotors are arranged in
an X-configuration (tandem pair arrangement). The rotor tip speed is set to 500 ft/s
(approximately 168 m/s), corresponding to a tip Mach number of 0.5, which is selected to
satisfy noise constraints. The overall landing footprint is approximately 20 m, resulting in a
rotor diameter of about 8 m.

The second configuration is a Lift + Cruise design. This vehicle employs eight lift-
propellers distributed laterally along the wing, both forward and aft, to provide vertical
lift during hover and low-speed flight. In addition, a single pusher propeller is used to
generate thrust during cruise. The lift-propellers operate at the same tip speed as the
Quadrotor configuration to satisfy equivalent noise constraints, with a rotor diameter of
approximately 3 m. A two-bladed rotor design is assumed. The wing is optimized for cruise
performance, as low-speed flight is supported by lift augmentation from the distributed
lift-propellers. This enables efficient fixed-wing operation during the cruise segment while
maintaining vertical take-off and landing capability.

3.3.2. Results

The overall dimensions and performance parameters of the vehicles sized using the
present methodology are compared with the NASA reference data in Table 5. In this
study, the focus is placed on the comparison of mass properties, mission performance
characteristics, and battery sizing.

Mass estimation

The maximum take-off mass is a key design parameter, as it directly affects aircraft
performance, structural requirements, and energy efficiency. An analysis of the mass
distribution across different eVTOL configurations enables the identification of dominant
contributors and potential areas for improving overall cost-effectiveness.
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Table 5. Comparison of vehicle parameters between NASA reference and present configurations.

A Quad

Parameter Unit Quad Ref Quad L+CRef L+C [%] AL+ C[%]
Number lifters - 4 4 8 8 - -
Number pusher - 0 0 1 1 - -
Hover thrust/ lifter N 7208 7252 4566 4712 0.6 3.2
Lifter disk loading N/m? 143.7 146.7 627.4 641.6 21 2.3
Lifter radius m 3.99 3.97 1.52 1.53 —0.6 0.3
Solidity - 0.055 0.060 0.267 0.198 8.5 —25.7
Hover tip speed m/s 168 167 178 167 —0.6 —6.6
Wing span m - - 15.24 15.00 - —1.57
Wing area m? - - 19.54 18.94 - —3.05
Wing MAC m - - 1.03 1.3 - 26.19
Wing aspect ratio - - - 12.13 11.88 - —2.06
Fuselage length m 6.40 5.44 9.14 10.47 —15.0 14.5
Fuselage height m 2.02 1.54 1.87 1.54 —23.8 -174
Fuselage width m 1.91 1.52 1.76 1.52 —20.2 —134
Hover power kW 345 381 827 932 10.3 12.6
Cruise power kW 263 268 246 273 21 10.9
Battery capacity kWh 370 379 399 454 2.6 13.7
Cruise speed km/h 181 180 207 210 —0.8 12
Effective L/D (WV/P) - 5.8 54 8.5 8.1 —6.7 —5.1
Hover FM - 0.7 0.7 0.74 0.76 0 2.7
Hover C-rate 1/h 1.1 1.0 2.4 22 -13.6 —8.8
Cruise C-rate 1/h 0.8 0.7 0.7 0.7 —10.0 —4.3

Figure 17 illustrates the mass distributions of the Quadrotor and Lift + Cruise configu-
rations according to the breakdown defined in Section 2.6. The MTOM of the Quadrotor
is 2957 kg, whereas the Lift + Cruise configuration is approximately 30% heavier, with a
MTOM of 3843 kg.

Energy storage represents the largest mass fraction in both configurations, accounting
for approximately 32% of the MTOM for the Quadrotor and 30% for the Lift + Cruise
vehicle. The structural mass is the second largest contributor, representing slightly more
than one quarter of the total mass in both cases.

For the
Lift + Cruise configuration, the propulsion mass is comparable to the structural mass,

A significant difference is observed in the propulsion system mass.

whereas the Quadrotor exhibits a substantially lower propulsion mass fraction. This dif-
ference can be attributed to two main factors. First, the Quadrotor is not sized for an
OEI condition. Second, the larger rotors of the Quadrotor result in lower disk loading in
hover and consequently higher power loading compared to the Lift + Cruise configuration,
leading to a lower required total motor mass.

As a result, the useful payload fraction of the Quadrotor corresponds to approximately
18% of the MTOM, compared to a lower value of about 14% for the Lift + Cruise configuration.

Mass breakdown comparison

For comparison with NASA UAM reference vehicles [29], the component masses
are reformulated to align as closely as possible with the NDARC mass group definitions.
The resulting comparison is presented in Figure 18 and Table 6.
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Figure 17. Comparison of subsystem mass distribution for the Quadrotor and Lift + Cruise configura-
tions following the breakdown defined in Section 2.6.
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Figure 18. Subsystem mass breakdown comparison between present model and NASA UAM
reference vehicles based on NDARC mass group definitions.

Table 6. Quantitative comparison of mass breakdown with NASA UAM reference vehicles using
NDARC mass group definitions.

Mass Parameter [kg] Quad Ref Quad L+ CRef L+C AQuad[%] AL+ CI[%]

MTOM 2939 2957 3724 3843 0.6 3.2
Empty mass 2390 2417 3176 3303 1.1 4.0
Structure Group 744 677 1168 9%56 —9.0 —18.1
Propulsion Group 1212 1131 1445 1523 —6.6 54
Fuel system 924 949 998 1134 2.6 13.6
Systems Group 243 202 245 364 —17.0 48.4

Overall, both configurations reproduce the NDARC reference masses well at the top
level, particularly in terms of maximum take-off mass and empty mass. The agreement is
generally good, with only minor deviations that can largely be attributed to differences in
modeling approaches. For the Quadrotor, the converged MTOM is approximately 18 kg
(0.6%) higher than the reference, while for the Lift + Cruise configuration the deviation is
79 kg (3.2%). The empty mass deviations are of similar magnitude, with increases of 1.1%
for the Quadrotor and 4.0% for the Lift + Cruise configuration.

More pronounced differences are observed at the subsystem level. In particular,
the structural mass is consistently underpredicted. The structure group is approximately
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9% lighter for the Quadrotor and 18.1% lighter for the Lift + Cruise configuration, indicating
a comparatively simplified structural modeling approach. For example, the NASA reference
vehicle assumes a propeller pylon mass of approximately 35 Ib (15 kg) per pylon, with an
additional 20 Ib allocated for the forward propeller (available in the supplementary material
for [18] via [29]). In contrast, the model described in Section Pylons predicts pylon masses
that are roughly 50% lower. This structural mass difference is also influenced by the fact
that the forward propeller pylon is not modeled.

The propulsion group shows differences of approximately 100 kg for both configura-
tions. The Quadrotor propulsion mass is underpredicted by 6.6%, whereas the Lift + Cruise
configuration shows a 5.4% higher propulsion mass compared to NDARC. Since the same
underlying propulsion sizing relations are used (see Section 2.6.3), these deviations are pri-
marily attributed to differences in design conditions and the resulting power requirements.

The fuel system group, representing the battery in this study, reflects differences in
required mission energy. For the Quadrotor, the battery capacity is 2.6% higher than the
reference, while for the Lift + Cruise configuration the deviation increases to 13.6%. These
differences are consistent with the higher power requirements predicted by the present
model (see Table 5). In particular, the Quadrotor exhibits increased hover power by 10.3%
and cruise power by 2.6%, whereas the Lift + Cruise configuration shows 12.6% higher
power requirements in hover and 10.9% in cruise, leading to a larger increase in required
battery mass. For the Lift + Cruise configuration, the discrepancy in cruise power is likely
the result of the combined effects of the higher gross weight of the sized vehicle, differences
in the pusher propeller design and associated propulsive efficiency, and deviations in the
aerodynamic drag prediction compared with the NDARC reference model.

The largest discrepancy is observed in the systems group, which is strongly influenced
by differences in modeling assumptions. For the Quadrotor, the NASA reference vehicle
includes a gearbox system connecting the four rotors, which is not modeled in the present
framework. This results in a systems mass that is approximately 17% lower in the current
model. Additionally, the treatment of the power electronics system differs, as this is
explicitly included in the systems group in the present work. Thus, for the Lift + Cruise
configuration, the discrepancy is therefore more pronounced, with the systems mass 48.4%
higher than the NASA reference. This is primarily due to the use of a flight control weight
estimation method derived from FLOPS [53], which predicts significantly higher fixed-wing
flight control masses compared to the NDARC [14] model.

Power consumption profile

The next part of the analysis focuses on the performance of the vehicles throughout
the design mission. Figure 19 presents the total power consumption along the mission
profile. The values correspond to propeller shaft power, including constant losses of 5% for
the electric motors and 2% for the power electronics.

Significant peaks in power demand occur during the hover and initial climb segments.
The Quadrotor requires approximately 381 kW in hover, whereas the Lift + Cruise configu-
ration reaches about 931 kW. This substantial difference is consistent with the approximately
30% higher MTOM of the Lift + Cruise vehicle and its significantly higher disk loading (by
a factor of about 4.3), which directly increases the induced power required to generate lift
in hover.

During the axial climb phase, both configurations exhibit only a modest increase in
power relative to hover, with a maximum increment of approximately 10 kW.

At the beginning of the transition segment, corresponding to rotorcraft climb for
the Quadrotor and acceleration to wing-borne flight for the Lift + Cruise configuration,
a pronounced increase in total power is observed. The required power rises by approxi-
mately 15%, reaching about 446 kW for the Quadrotor and 1.07 MW for the Lift + Cruise
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vehicle. This increase is primarily attributed to the additional propulsive power required to
accelerate the aircraft to cruise speed. Since a constant acceleration during transition climb
is assumed, its impact is most significant at low forward velocities. In the second climb
segment above 500 ft, both vehicles exhibit a reduction in power demand, with values of
approximately 383 kW for the Quadrotor and 562 kW for the Lift + Cruise configuration at
the top of climb.

Despite the Lift + Cruise vehicle being considerably heavier, both configurations
exhibit similar cruise power levels. This can be explained by differences in aerodynamic
efficiency. The ratio of cruise-to-hover power is approximately 0.7 for the Quadrotor and
only 0.3 for the Lift + Cruise configuration. This behavior is consistent with the effective
lift-to-drag ratio, defined as WV / P. The Quadrotor achieves an effective lift-to-drag ratio of
5.4, whereas the Lift + Cruise configuration reaches 8.1, reflecting the superior aerodynamic
efficiency of fixed-wing flight.
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Figure 19. Required mission power profile for the considered eVTOL configurations.

Battery discharge

Another important aspect enabled by the inclusion of the battery model is the analysis
of the C-rate variation throughout the mission, as shown in the left plot of Figure 20.
The highest C-rates occur during the high-power vertical flight segments, namely hover
and climb. In addition, as the battery state of charge decreases, the C-rate increases for the
same power demand, as expected.

For the Lift + Cruise configuration, the C-rate during take-off hover in the first mission
leg is approximately 1.9 at a high SOC of 95%. During the final landing after the second
leg, when the SOC has decreased to about 35%, the C-rate increases to approximately 2.2
for the same power requirement. The maximum C-rate, around 2.5, is reached during the
transition climb segment. In contrast, during cruise, the C-rate remains relatively low and
stable, typically in the range of 0.6-0.7 throughout the mission.

For the Quadrotor configuration, the battery loading is more uniform across all mission
segments. The maximum C-rate occurs during the climb, reaching approximately 1.2, while
hover conditions correspond to values close to 1.0. During cruise, the C-rate is again in the
range of 0.6-0.7, similar to the Lift + Cruise configuration.

As shown in Table 5, the predicted C-rate values are in good agreement with the
NASA reference data, with deviations of approximately 10%.

The battery loading can also be interpreted in terms of efficiency losses, as illustrated
in the right plot of Figure 20. The battery efficiency is defined as

o I Rtot

55
Voc (55)

n=1
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For the Quadrotor, the battery efficiency remains high, in the range of 98-99%, since
both hover and cruise occur at C-rates close to one. In contrast, the Lift + Cruise configura-
tion exhibits lower efficiency during high-power vertical flight segments, where it decreases
to approximately 96%, while during cruise it remains around 98%. Furthermore, it can be
observed that, for a given power demand, the battery efficiency decreases as the state of
charge is reduced, reflecting the increased relative impact of internal resistance losses.
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Figure 20. Battery C-rate (left) and efficiency (right) variation over the mission for the considered
eVTOL configurations.

4. Conclusions

In this study, an integrated and iterative framework for the conceptual design and
sizing of eVTOL aircraft is presented. While based on a low-fidelity design philosophy,
the methodology provides a structured and physically consistent approach. Starting from
a limited set of inputs—top-level requirements, operational constraints, and technology
assumptions—the process iteratively combines component sizing, mission analysis, battery
sizing, and mass estimation until convergence in key parameters such as maximum take-off
mass and battery capacity is achieved.

To evaluate the methodology, selected key methods extending beyond standard hand-
book approaches were verified. First, the solidity sizing and hover performance of lifting
propellers were compared against a dataset of conventional helicopter rotors and powered-
lift propellers covering a wide range of thrust and loading conditions. Good agreement
was observed, with mean absolute percentage errors of 7.5% for solidity and 8.0% for hover
power. Second, the battery discharge model was verified against experimental data for the
Sony-Murata 18650 VIC-6 cell under an eVTOL-representative mission profile. The model
accurately captures both C-rate and state-of-charge evolution. The predicted depth of
discharge shows good agreement with experiments, with deviations of about 5% for a new
cell and less than 1% for an end-of-life cell.

Finally, the overall aircraft sizing has been evaluated for two representative configura-
tions, a wingless Quadrotor and a powered-lift Lift + Cruise, by comparison with results
obtained using the state-of-the-art rotorcraft design tool NDARC. The sizing is based on a
two-leg 70 km mission with a 20-min reserve, transporting six occupants and assuming
a battery gravimetric energy density of 400 Wh/kg. Overall, good agreement with the
reference data is achieved. The maximum take-off mass deviates by 0.6% for the Quadrotor
and 3.2% for the Lift + Cruise configuration, with similar trends for the empty mass (1.1%
and 4.0%). Differences in battery sizing reflect variations in predicted mission energy
demand. The Quadrotor shows a 2.6% higher battery capacity, while the Lift + Cruise
deviation reaches 13.6%, driven by higher predicted power requirements, especially in
hover and cruise, which lead to an increased battery mass. The predicted C-rate behavior
is also consistent with the reference data. For the Lift + Cruise configuration, the hover
C-rate is about 2.2 during final landing compared to 2.4 in the NASA reference, while
cruise remains low at around 0.6 versus 0.7. The Quadrotor shows a more uniform loading,
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with C-rates around 1.0 in hover and similarly low values in cruise. Overall, the C-rate
predictions agree well with the NASA data, with deviations on the order of 10%.

Beyond numerical agreement, the results highlight the main design couplings in eV-
TOL sizing. The link between propeller sizing, disk loading, and power demand makes
the dominant design drivers explicit: the higher hover power of the Lift + Cruise config-
uration is directly tied to its increased disk loading and MTOM, illustrating the strong
coupling between propulsion and overall mass. The battery model further enables a realis-
tic assessment of mission feasibility, particularly under high-power, low-SOC conditions
during landing.

Overall, the results emphasize that both power and energy must be considered simul-
taneously. While Lift + Cruise benefits from better cruise efficiency, this is partly offset by
higher vertical-flight power demand, which drives battery and system mass. As a result,
trade-offs between disk loading, aerodynamic efficiency, and propulsion architecture become
central early-stage design decisions, which the framework can systematically support.

At the same time, several limitations of the current methodology have been identified.
The propeller model, while capturing overall trends, shows systematic deviations, partic-
ularly an underprediction of rotor solidity and hover power at low disk loading, and an
overprediction for highly loaded distributed propulsion systems. These discrepancies are
primarily attributed to aerodynamic effects that are not explicitly resolved in the present
formulation. In particular, detailed blade geometry effects, tip losses, and non-uniform
inflow distributions are only implicitly accounted for, while the induced power factor
remains a key tuning parameter that requires further refinement to improve predictive
accuracy across the full operating envelope. In addition, the regression-based component
mass estimation introduces sensitivity to the assumed technology factors. While this ap-
proach enables rapid assessment in early design stages, it inherently depends on calibration
against existing or projected datasets, and therefore requires periodic updating to remain
representative of future technological advancements.

Future research directions can be grouped into three main areas.

The first area focuses on improving uncertainty treatment and the robustness of the
sizing methodology itself. A key aspect is the treatment of aerodynamic and powertrain-
related uncertainties, in particular the refinement of the induced power factor within the
propeller model. The component mass estimation approach could further be strengthened
by updating regression models where necessary or progressively replacing them with
physics-based formulations to reduce reliance on technology factors. This would also
enable the extension of the framework to additional propulsion concepts such as ducted
fans, as well as alternative powertrains, including hybrid-electric architectures based on
carbon fuels or hydrogen. In addition, the electrical power system sizing could be expanded
to incorporate redundancy and failure modes, such as inverter or battery module failures,
enabling more resilient and realistic design assessments.

The second research direction concerns the extension toward multi-mission and
system-level optimization. Instead of relying on a single design mission, future work
could evaluate a broader set of operational scenarios with varying payload, range, and uti-
lization patterns. This would enable the derivation of more robust and globally optimal
aircraft configurations that account not only for performance, but also for economic metrics,
environmental impact, and anticipated passenger demand.

The third area addresses operational integration and real-world deployment aspects.
This includes the modeling of ground infrastructure requirements such as vertiport layout,
helipad sizing, and turnaround procedures. In this context, different concepts of operation
(ConOps) could be analyzed, including scenarios involving partial or no recharging be-
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tween consecutive missions. Such considerations are essential to bridge the gap between
conceptual vehicle design and feasible urban air mobility system implementation.
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