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Abstract

Small-satellite mission design requires joint consideration of trajectory geometry, launch
conditions, propulsion capacity, spacecraft mass, and operational lifetime. This study
presents an integrated preliminary-design workflow combining Lambert-grid exploration,
cascade filtering, and differential-evolution refinement, followed by encounter and space-
craft screening. The workflow is illustrated using Earth—Venus-Mars—Earth, Earth-Moon-
Earth-Moon, and Earth—Venus-Earth—Vesta mission contexts. Launch-provided injection
is separated from onboard manoeuvre requirements, and the optimization objective is
identified as an energy-and-encounter-matching surrogate. An analytical assessment of
20 spacecraft—propulsion configurations shows that increasing the assumed total correction
allowance from 0.10 to 0.40 kms~! reduces capacity-compliant configurations from 18 to
15. For a fixed 1538-day benchmark, increasing the assumed 3.5-year microsatellite lifetime
by approximately 20.3% removes its lifetime-only exclusion. A 5 kg Nano R3 configura-
tion requires approximately 16.50 days of ideal powered operation to deliver 100 ms~!,
illustrating the distinction between propellant capacity and manoeuvre-time feasibility.
The results show that the candidate configuration set depends materially on the adopted
screening assumptions. The framework uses patched-conic dynamics and ideal propulsion
screening; independent trajectory reconstruction, stochastic robustness assessment, and
finite-thrust verification remain outstanding.

Keywords: small satellites; CubeSat; multi-gravity assist; gravity assist; trajectory
optimization; Lambert problem; differential evolution; porkchop plot; electric propulsion;
cislunar trajectory; Vesta

1. Introduction

Small satellites have substantially broadened access to space science and technology
demonstration by reducing spacecraft development cost, mass, and programmatic com-
plexity relative to conventional large spacecraft [1]. Recent mission surveys show that
CubeSat-class platforms are now being considered across an increasingly diverse range
of Earth-orbiting, cislunar, planetary, and deep-space applications [2]. This progression is
important for planetary exploration because universities, emerging space agencies, and
comparatively small mission teams can potentially conduct focused scientific investigations
without the cost and schedule associated with traditional flagship spacecraft.

The feasibility of deep-space small-satellite operations has already been demonstrated
experimentally. NASA’s Mars Cube One (MarCO) spacecraft accompanied the InSight mis-
sion to Mars and relayed entry, descent, and landing telemetry, demonstrating interplanetary
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navigation, communications, and spacecraft operations with a 6U CubeSat platform [3]. Nev-
ertheless, extension of this capability to independent interplanetary missions remains
strongly influenced by spacecraft-level resource constraints. Propulsion systems compatible
with CubeSat and SmallSat platforms typically trade high specific impulse against low thrust,
limited propellant capacity, electrical-power demand, and stringent hardware-volume and
mass constraints [4]. NASA’s current state-of-the-art assessment likewise shows a rapidly
developing but strongly system-dependent small-spacecraft propulsion landscape [5]. Con-
sequently, trajectory design, launch architecture, power availability, propulsion integration,
and spacecraft lifetime cannot be treated as independent considerations.

Gravity assists provide one mechanism for addressing this problem. During a plan-
etary flyby, a spacecraft can exchange orbital energy and angular momentum with the
encountered body, changing its heliocentric velocity vector without requiring an equivalent
propulsive velocity increment [6]. This technique has been fundamental to major interplane-
tary missions, including Voyager and Galileo [7,8], and forms the basis of a substantial body
of multi-gravity-assist trajectory-design research [9]. For a propulsion-limited small space-
craft, gravity assists are particularly attractive because large heliocentric energy changes
can be obtained from encounter geometry rather than directly from onboard propellant.

However, the trajectory-design problem is highly nonlinear. For a prescribed se-
quence of bodies, the combination of launch epoch, individual-leg times-of-flight, planetary
phasing, flyby altitude, incoming and outgoing hyperbolic-excess velocities, and termi-
nal conditions creates a multimodal search space. Classical patched-conic methods and
Lambert solutions remain highly effective for preliminary design [10,11], whereas global-
optimization strategies are commonly used to explore the resulting non-convex design
space [12]. Recent work continues to advance MGA optimization through improved search-
space pruning [13], alternative formulations that avoid repeated direct use of Lambert
solutions during global search [14], and hybrid sequence-generation and optimization ap-
proaches such as Tisserand-graph methods combined with evolutionary optimization [15].
These developments indicate that computational efficiency and reliable identification of
globally competitive encounter sequences remain active areas of research.

For propulsion-limited spacecraft, an additional distinction is required between impul-
sive MGA design and true low-thrust trajectory optimization. Continuous low-thrust opti-
mization has been extensively studied [16,17], with recent work demonstrating increasingly
sophisticated numerical techniques for finite-thrust and constrained transfers [18]. Low-
thrust resonance-gravity-assist design has also been investigated directly in the cislunar
domain [19]. A recent broader review of orbit-transfer optimization highlights continued
development of evolutionary, direct, indirect, convex, and data-driven trajectory-design
methods [20]. These high-fidelity formulations are necessary for final mission design, but
their computational cost and dependence on a suitable initial solution can make them less
attractive during early architecture screening.

The present study addresses this preliminary-design need through an integrated work-
flow connecting multi-gravity-assist trajectory exploration with explicit spacecraft-level
screening assumptions. The underlying techniques—Lambert solutions, trajectory filter-
ing, differential evolution (DE), patched-conic encounter modelling, and rocket-equation
calculations—are established methods [10,12,21]. The contribution lies in their coordinated
application and in the explicit separation of trajectory-search objectives, launch-provided
departure conditions, encounter feasibility, and spacecraft resource constraints. This study
does not introduce a new Lambert solver or evolutionary optimization algorithm.

The workflow combines three computational stages: (i) Lambert-grid exploration
of individual transfer legs; (ii) cascade filtering to retain approximately matched multi-
leg candidates; and (iii) continuous refinement using DE, followed by encounter- and
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spacecraft-level screening. Differential evolution provides a gradient-free search over the
continuous design variables [21]. Approximate matching during candidate generation is
distinguished from the physical acceptance conditions applied to the refined trajectories.
Similarly, the trajectory-search objective is distinguished from the onboard manoeuvre
requirement used in propulsion screening.

Relative to a preliminary trajectory search that ranks candidates using launch energy,
transfer duration, or a propulsive cost alone, the present workflow additionally examines
their compatibility with adopted propulsion capacity, spacecraft mass, correction allowances,
and operational lifetime. The Earth-Venus-Mars-Earth (EVME), Earth-Moon—-Earth-Moon,
and Earth—Venus-Earth—Vesta cases provide contrasting mission contexts, spanning a
planetary free-return scenario, short-duration cislunar flight, and a long-duration main-belt
transfer. This comparison is intended to identify which screening assumptions constrain
the candidate architecture set and how changes in those assumptions affect its composition.
The resulting configurations are conditional candidates for further investigation; they do
not establish global optimality, finite-thrust feasibility, or a complete spacecraft design.

The specific contributions of this study are as follows:

1. A structured preliminary-design workflow linking broad Lambert-grid exploration,
multi-leg candidate filtering, and continuous trajectory refinement, with a distinction
between search-stage tolerances and final encounter-acceptance conditions.

2. Explicit separation of launch-provided Earth-departure conditions from onboard
manoeuvre requirements, allowing propulsion capacity to be assessed against a stated
correction allowance and any separately modelled deterministic manoeuvres.

3. A cross-mission assessment of how adopted propulsion, spacecraft-mass, and
operational-lifetime assumptions affect the candidate architecture set, with the result-
ing conclusions interpreted within the scope of the screening model.

Small-body operations by CubeSat-class spacecraft are already the subject of detailed
trajectory-design studies, including missions such as Milani [22]; the present work instead
focuses on the preceding heliocentric or geocentric transfer architecture and its compatibility
with the resource limitations of small spacecraft.

2. Problem Formulation
2.1. Dynamical Model and Mission Assumptions

The objective is to identify a set of encounter epochs and leg times-of-flight that pro-
duce a physically admissible MGA trajectory while remaining compatible with a represen-
tative small-satellite architecture. The analysis is performed at preliminary-design fidelity
using the patched-conic approximation [10,11]. Each interplanetary leg is therefore repre-
sented as a two-body heliocentric conic, while a planetary encounter is represented by a
local hyperbolic flyby. The cislunar case is formulated in an Earth-centred two-body frame.

The analysis adopts a patched-conic dynamical model in which the spacecraft is
assumed to be influenced by a single dominant gravitational body during each transfer
leg, with transitions between planetary and heliocentric regimes treated instantaneously.
Planetary encounters are modelled as instantaneous flybys, while all trajectory manoeuvres
are represented impulsively. Each transfer leg is therefore propagated under point-mass
central-body gravity, which is appropriate for preliminary trajectory design but does not
capture higher-order dynamical effects.

Non-gravitational perturbations, including solar-radiation pressure and atmospheric
drag, together with third-body perturbations outside the active central-body model, are
neglected during the Lambert search. Minimum-periapsis constraints are imposed to reject
transfer arcs or flyby geometries that would intersect the central body or violate the adopted
safe-altitude limits. The baseline mission architecture further assumes rideshare injection,
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such that the launch vehicle provides the initial Earth-departure energy. Propulsion-system
feasibility is assessed only after trajectory refinement using the available AV, spacecraft
mass, and operational-lifetime constraints; continuous finite-thrust arcs are not propagated
within the optimization.

The model should therefore be interpreted as an architecture-screening model rather
than a navigation-grade trajectory propagator. In particular, the use of an electric-propulsion
system in the spacecraft trade study does not convert the underlying trajectory model into a
continuous low-thrust optimization. Finite-burn steering losses, thrust-direction histories,
eclipse-related thrust interruptions, detailed power-system performance, and navigation-
correction dispersions are outside the present formulation. Such effects can be incorporated
in a subsequent high-fidelity phase using direct or convex low-thrust methods [16,23] and
more recent finite-thrust formulations [18].

2.2. Mission Design Variables

For a mission consisting of N transfer legs, the design vector is written as
X = [tOITerZr"'/TN]r (1)

where tj is the initial departure epoch and Tj is the time-of-flight of leg k. Under the
instantaneous patched-conic encounter assumption, subsequent encounter epochs are
reconstructed as

k-1
te=to+ ) T, k=2,...,N. ()
j=1
This representation eliminates the need to optimize each encounter date independently
and imposes chronological continuity directly through the leg durations.
For each leg, the positions of the departure and arrival bodies are

11 = 15, (t) ©)
and
o =t (t + Tg). (4)
The Lambert problem is then solved as

(Vi Vo) = L(r1p 1ok, Tr, 1), ()

where L represents the Lambert solver, v; , and v, are the transfer-orbit velocities at the
beginning and end of the leg, and y is the gravitational parameter of the central body.

2.3. Characteristic Energy and Hyperbolic-Excess Velocity

For heliocentric interplanetary transfers, the departure hyperbolic-excess-velocity
vector is

d
Veoh = Vik — Vi, (t), (6)

and the corresponding departure characteristic energy is
dep |2
Ca = |vap|- )
Similarly, the arrival hyperbolic-excess velocity is

Vi = Vox — VB, (e + Ti), (8)
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with magnitude
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The conventional C3 quantity has a direct hyperbolic-escape interpretation when the
spacecraft is departing a planet into an unbound asymptote. The cislunar case remains
geocentrically bound in the solutions investigated here. To avoid conflating the two inter-
pretations, the signed quantity used in the original cislunar computation is denoted here
by C3:

2

2 2 2ug
C3 = |[vscll” = Vese = [IVscl” — —

10
- (10)
A negative value of C3 indicates that the trajectory is bound with respect to Earth

within the adopted geocentric two-body approximation.

2.4. Gravity-Assist Conditions

Within the instantaneous patched-conic approximation, a gravity assist connects the
incoming and outgoing transfer legs at a common encounter epoch t,. The corresponding
hyperbolic-excess-velocity vectors are defined as

P sc(tp) = vp(tp), (1)

v \¢
vi=v
where v, and v are the terminal and initial velocities of the adjacent transfer legs, re-
spectively, and v, is the velocity of the encountered body. All vectors are expressed in the
same inertial reference frame. The superscripts — and + denote the incoming and outgoing
asymptotes of the planetocentric hyperbolic trajectory.

For an ideal unpowered encounter in the planetocentric two-body model, conserva-
tion of specific orbital energy requires equal incoming and outgoing asymptotic speed
magnitudes [10]:

vzl = lIv] = v 1)

This equality concerns the asymptotic speeds and does not imply constant local speed
throughout the flyby. At a finite planetocentric distance 7, the local speed is

o(r) =1\/v& + 2#, (13)

where y), is the gravitational parameter of the encountered body. The spacecraft therefore
accelerates during approach and decelerates during departure. Under the same ideal
assumptions, local speeds at incoming and outgoing points with equal planetocentric radii
are also equal, including equal-radius sphere-of-influence boundaries.

Independently sampled Lambert legs generally do not satisfy Equation (12) exactly.
Their excess-speed matching residual is defined as

e I e )

This quantity measures imperfect matching between candidate legs; it does not repre-
sent a physical violation of energy conservation. Coarse filtering may retain approximately
matched candidates for continuous refinement, but this preliminary retention must be
distinguished from final acceptance as an unpowered flyby.

The required angular deflection between the incoming and outgoing planet-relative
asymptotic velocity vectors is
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— .yt
Oreq = COs™ ! V°°V°°] (15)
- lHVooIIIIVo*oH

For a speed-matched unpowered hyperbola, the turning angle increases as the periap-
sis radius decreases. Consequently, the maximum permissible turning angle for a prescribed
minimum periapsis radius 7y min is

Omax = 2sin~!

! 1 (16)

1+ Vp,minv%o/,up

where 7y min = Rp + lpmin, Rp is the adopted body radius, and 1 min is the minimum
permitted flyby altitude.
Final numerical acceptance of each intermediate unpowered encounter requires

Ave < gy, 5req < Smax,s (17)

where ¢, is the final excess-speed matching tolerance, distinct from any more permissive
threshold used during candidate generation. This tolerance represents numerical matching
accuracy and is not an additional onboard manoeuvre allowance. A candidate that fails
either condition requires further refinement or explicit modelling of a powered encounter.
In particular, the scalar residual Av, alone does not constitute a complete powered-flyby
manoeuvre calculation.

The screening model adopts minimum flyby altitudes of 200 km at Venus and Mars,
400 km at Earth, and 100 km at the Moon. These are preliminary-design values and should
not be interpreted as final navigation or planetary-protection constraints.

2.5. Mission Duration and Earth-Return Constraint

The transfer duration is

N
Tmission = Z Tk. (18)
k=1

For free-return trajectories terminating at Earth, the atmospheric-entry speed is esti-
mated from the geocentric hyperbolic-excess velocity using

OUentry = 4/ UEO,E + Ugsc,E’ (19)

where Uese r = 11.18 km s ™! is used in the original screening model. A preliminary maxi-
mum entry speed of 12kms~! is imposed.

2.6. Launch-Vehicle Energy and Onboard Spacecraft AV

A central feature of the problem formulation is the separation between characteristic
energy supplied by the launch system and velocity change supplied by the spacecraft.

For departure from a circular Earth parking orbit of radius ry, the ideal impulsive
velocity increment corresponding to a prescribed geocentric characteristic energy Cs is

/ 2ug [pE
AVdep - C3 + W - E (20)

This estimate assumes tangential injection at the parking-orbit radius and compatible
departure geometry. It does not include losses associated with finite-duration thrusting or
additional manoeuvres required to establish the departure orientation.
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In the baseline rideshare scenario, the launch service is assumed to supply the nominal
initial state required by the first transfer leg. For the interplanetary cases, this includes the
departure epoch and outgoing Earth-relative asymptote, with its associated Cs. For the
cislunar case, it denotes injection into the prescribed Earth-centred transfer, which need not
be an Earth-escape trajectory. Accordingly, the nominal first-leg injection is excluded from
the onboard spacecraft budget:

AVgcq = 0. (21)

This is a conditional launch-architecture assumption. Compatibility with a particular
rideshare opportunity requires agreement in departure epoch, energy, and direction; a
suitable scalar C3 alone is insufficient. Equation (21) concerns the nominal injection and
does not imply that post-separation trajectory corrections are unnecessary. Related work has
investigated transfers from geostationary transfer orbits through Earth-synchronous orbits
and subsequent Earth gravity assists to expand interplanetary departure opportunities for
piggyback spacecraft [24]. Such strategies explicitly connect the launch-provided orbit to
the interplanetary departure conditions, illustrating the importance of accounting for the
transfer between these states.

The correction allowance is therefore specified separately from the nominal transfer
geometry. The adopted baseline allocation per intermediate encounter is

q= AVrcy = 0.05kms™ L. (22)

Each mission sequence contains three transfer legs and two intermediate encounters.
The corresponding nominal onboard screening requirement is therefore

AVsc = 2q = 2AVycy = 0.10kms™ . (23)

The value of g is an illustrative preliminary-design assumption rather than a
navigation-derived prediction or a demonstrated upper bound on correction requirements.
Actual requirements depend on launch-injection dispersion, orbit-determination accuracy,
encounter-targeting requirements, manoeuvre execution errors, and the propagation of
uncertainty between encounters. A common baseline allocation provides a consistent ref-
erence for comparing the adopted propulsion configurations, but it does not imply equal
navigation difficulty across the three missions. The allocation must therefore be treated as a
screening parameter whose influence on the candidate architecture set requires assessment.

Any deterministic manoeuvre required by the nominal trajectory must be added
explicitly to the correction allowance. More generally, the onboard requirement is

AVsCreq = AVsc + Y AVgerj + 24, (24)
j

where AVjye,; denotes the magnitude of an explicitly modelled deterministic manoeuvre,
such as a deep-space manoeuvre, powered flyby, or terminal rendezvous or orbit-insertion
manoeuvre. The nominal value in Equation (23) corresponds to the rideshare assumption,
with no additional deterministic manoeuvres included in the transfer model.

The correction reserve cannot be used implicitly to compensate for an encounter that
fails the unpowered-flyby conditions. In particular, a nonzero excess-speed mismatch
between adjacent Lambert legs is a matching residual; it is not automatically an executable
manoeuvre of the same magnitude. Such a candidate requires further refinement or explicit
powered-encounter modelling before its onboard requirements can be assessed.

This separation allows launch energy and onboard correction capacity to be examined
as distinct design quantities. The resulting propulsion-screening conclusions remain con-
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ditional on the assumed launch-provided initial state, correction allocation, and terminal
mission requirements.

2.7. Propulsion and Spacecraft Feasibility

The available impulsive-equivalent AV of a candidate propulsion architecture is
estimated using the Tsiolkovsky rocket equation:

m
AVpudget = IspgoIn <m;> , (25)

or, in terms of propellant mass fraction 7,

1 mpy
AVpudget = Ispgo In ﬂ , = nTO’ (26)
where Ip, is the specific impulse, go = 9.80665 x 102 kms ™2, m, is the propellant mass,
and my is the spacecraft wet mass.
At this screening level, propulsion feasibility requires

AVbuclget > AVSC/ (27)

in addition to compatibility between the propulsion hardware and spacecraft mass.

Seven representative electric-propulsion systems are considered over a set of spacecraft
masses spanning the small-satellite regime. The propulsion technologies and numerical
parameters adopted in the architecture trade study are summarised in Table 1. The dataset
includes the ENPULSION Nano R3, ThrustMe NPT30-12, Busek BIT-3, Exotrail spaceware
Nano and Micro systems, and the Busek BHT-100 and BHT-200 [25-30].

Table 1. Representative small-satellite propulsion systems considered in the spacecraft architecture
trade study.

System Type Isp (s)  Thrust (mN) Propellant Mass (kg) Dry Mass (kg)  Spacecraft Mass Range (kg)
ENPULSION Nano R3 [25] FEEP 2500 0.35 0.215 1.28 1-10

ThrustMe NPT30-12 [26,31] Gridded ion 2450 1.10 0.229 1.00 10-25

Busek BIT-3 [27] RF ion 2150 1.10 1.50 1.40 25-50

Exotrail spaceware Nano [28]  Hall effect 1200 2.50 0.510 1.50 50-80

Busek BHT-100 [29] Hall effect 1000 7.00 4.62 2.00 80-100

Exotrail spaceware Micro [28]  Hall effect 1500 7.00 4.08 3.00 100-150

Busek BHT-200 [30] Hall effect 1390 13.0 10.27 2.50 150-180

Note: Propulsion parameters were adopted from manufacturer data [25-30]. The spacecraft mass
ranges correspond to the architecture ranges used in the present feasibility study.

The hardware values are treated as the fixed design dataset used to generate the re-
ported results, rather than as a procurement survey of currently available products. This dis-
tinction is important because commercial SmallSat propulsion technology evolves rapidly;
the 2026 NASA state-of-the-art survey provides a current overview of commercially avail-
able and emerging propulsion technologies [5].

Operational lifetime is represented using an assumed screening limit associated with
spacecraft wet mass. The nominal limits are

15yr, my <10kg,
Lo(mg) = ¢ 35yr, 10kg < mp < 100 kg, (28)
6.0 yr, my > 100 kg.
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These intervals provide the nanosatellite, microsatellite, and minisatellite groupings
used in the present screening model. Lifetime compliance requires the elapsed mission
duration, expressed in years, to remain within the applicable limit.

The numerical limits are adopted scenario assumptions rather than universal physical
limits or predictions of spacecraft survival. Spacecraft mass is used to assign the screening
category; it does not determine operational lifetime by itself. Actual lifetime capability
depends on component qualification, radiation exposure, power degradation, thermal
cycling, consumables, redundancy, communications, and mission operations. These effects
are not resolved individually in the present model.

The purpose of the class-level limits is to provide a transparent baseline for examining
the influence of mission duration on the candidate architecture set. Their effect is therefore
assessed through the sensitivity analysis in Section 5.6, rather than treating the nominal
boundaries as established limits on small-spacecraft capability.

3. Computational Methodology

The proposed computational framework is organised into three sequential stages, as
summarised in Figure 1: The first stage performs a broad Lambert-grid search over the
prescribed departure and arrival windows for each individual trajectory leg, generating
porkchop maps and retaining candidate transfers that satisfy the initial energy, time-of-
flight, and periapsis constraints. The second stage connects the independently generated
legs through a cascade-filtering process, enforcing temporal continuity, compatibility of
the incoming and outgoing hyperbolic-excess velocities, launch-energy constraints, and
preliminary flyby and Earth-entry feasibility. The resulting multi-leg trajectories provide
physically informed initial conditions for the third stage, in which differential evolution
refines the departure epoch and individual-leg times-of-flight.

Encounter ‘ Search date Body positions Launch
sequence ranges and velocities assumptions
STAGE 1 STAGE 2 STAGE 3

Lambert-grid search Cascade filtering Differential evolution

o o o
m o o
[e]
o — o
. m .
° o

’dep

tarr

Single-leg candidates Compatible multi-leg seeds Refined epochs and leg times

Post-refinement screening

v v

Trajectory constraints

Spacecraft constraints

Encounter continuity
' | Flyby altitude and turning N @ Onboard AV capacity
1
N ! Earth entry, where applicable Adopted lifetime limits

| |
|

Candidate trajectory—spacecraft architectures
Conditional on the adopted screening assumptions

Propulsion and mass range

Figure 1. Three-stage preliminary-design workflow for system-constrained multi-gravity-assist
trajectories. Lambert-grid exploration generates single-leg candidates, cascade filtering assembles
compatible multi-leg seeds, and differential evolution refines the departure epoch and leg times-of-
flight. The refined trajectories are then assessed against trajectory and spacecraft constraints to identify
candidate architectures under the adopted screening assumptions. The sketches are schematic.
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Following trajectory refinement, the optimized solution is subjected to two comple-
mentary system-level assessments: The trajectory-feasibility branch evaluates the flyby
periapsis, available turning-angle capability, Earth-entry speed (where applicable), and
overall mission duration. In parallel, the spacecraft-screening branch assesses propulsion-
system compatibility, Tsiolkovsky AV capability, spacecraft mass range, and representative
operational lifetime. The final output is therefore not only an optimized MGA trajectory
but a trajectory—spacecraft architecture that satisfies the feasibility criteria adopted for the
preliminary mission design.

As shown in Figure 1, the framework deliberately separates trajectory generation and
optimization from spacecraft-level feasibility assessment. This separation allows the trajectory
search to explore the available encounter geometry without prematurely restricting the
solution to a particular propulsion system, while the subsequent screening stage determines
whether the resulting trajectory can be supported by a representative small-satellite platform.
The following subsections describe each stage of the framework in detail.

The computational sequence implemented in the framework is summarised in
Algorithm 1. The algorithm provides the procedural link between the individual trajectory-
search stages and the final spacecraft-level feasibility assessment.

3.1. Stage 1: Lambert-Grid and Porkchop-Plot Search

The first stage performs a grid search over the departure and arrival epochs of each
transfer leg. Planetary positions and velocities are obtained using MATLAB 2025b planetary
ephemerides. For the Vesta case, heliocentric asteroid states are taken from JPL Horizons
and cached before the trajectory sweep.

Interplanetary legs are computed in a heliocentric frame using

e = 1.3271244 x 10! km3s72, (29)
whereas the cislunar problem is computed in a geocentric frame using
e = 398600.4418 km®s 2, (30)

Each departure-arrival pair is evaluated by solving Lambert’s boundary-value prob-
lem. Both short- and long-way transfer possibilities are evaluated where applicable, and the
candidate with the preferred energy measure is retained. The transfer angle is calculated from

N1 } : (31)

-1
vV = COS ETEEEETT—
[HHH 2]

The Lambert implementation follows an Izzo-type approach consistent with methods
widely used for large-scale MGA searching [12]. Recent trajectory-optimization work has
developed alternatives that reduce or avoid explicit repeated Lambert evaluation during
global MGA optimization [14]; however, the direct grid approach remains attractive here
because the porkchop maps also provide a transparent physical interpretation of the
candidate launch and encounter windows.

A periapsis filter rejects a transfer conic if its computed periapsis lies below the surface
of the relevant central body. For each retained transfer, the algorithm stores departure
epoch, arrival epoch, C3 (or C; for the cislunar problem), departure and arrival ve, and
time-of-flight.

The interplanetary and asteroid searches use a nominal one-day grid. A 0.5-day grid
is used for the cislunar problem because the relative Earth-Moon geometry evolves sig-
nificantly over the Moon’s orbital period. MATLAB parallelization is used to distribute
independent Lambert evaluations across the available processing cores.
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Mission-specific screening is applied before export. An upper Cs limit removes ex-
cessively energetic solutions, while the cislunar resonant leg is constrained to a physically
relevant time-of-flight interval. The output of Stage 1 is therefore a set of independent
feasible-leg databases rather than complete trajectories.

Algorithm 1 Three-stage MGA trajectory search and spacecraft feasibility framework

Require: Body sequence B, search windows, C3 max; €t, €0,/ ¥ p,min, Ventry,max, propulsion database P
Ensure: Optimized trajectory x* and feasible architectures A
Stage 1: Lambert grid search
: fork =1to N do
Dk — @
for all (tdep, tarr) in search grid do
Obtain departure and arrival ephemerides
(v1,v2) < Lambert(ry, 1o, Ty, i)
if solution converges and satisfies periapsis, C3, and TOF limits then
Compute C3, vgfp, 02T and Ty
Dy + Dy U {candidate}
end if
end for
: end for
Stage 2: Cascade filtering
12: Initialise trajectory chains C from D;
13: fork =2to N do
14: forallc € Cand d € Dy do

0 XN T RN

—_ =
= O

15: if |At| < € and Aves < €, then

16: Compute dreq and dmax

17: if dreq < Omax + €5 then

18: if Earth return then

19: Retain only if Ventry < Uentry,max
20: else

21: Retain connected trajectory
22: end if

23: end if

24: end if

25: end for

26: end for

27: Rank complete trajectories and retain the best K seeds
Stage 3: Differential evolution
28: Form x = [t, Ty, ..., Ty] and initialise population from ranked seeds
29: for g =1to N, do
30: fori=1to N, do

31: Select distinct 71,7, 73 # i
32 m; < X, + F(xr, — Xp,)

33: u; « Crossover(x;, m;, CR)
34: if J(u;) < J(x;) then

35: Xj < U

36 end if

37: end for

38: end for

39: x* < argminy, J(x;)
Post-optimization screening
40: Evaluate flyby geometry, v continuity, entry speed, and mission duration
44: A Q
42: for all compatible spacecraft-propulsion combinations (m, p) do
43: Compute AVudger = Ispgo In(1/(1 —17))
44: if AVbudget > AVsc and Tyission < Tije then

45: A— AUu{(m,p)}
46: end if
47: end for

48: return x*, A
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3.2. Stage 2: Multi-Leg Cascade Filtering

The second stage joins the individual leg databases into complete encounter chains.
Each candidate connection must satisfy four classes of conditions:

1.  Temporal continuity between the arrival of leg k and departure of leg k + 1;
2. Compeatibility of incoming and outgoing v« magnitudes;

3. An allowable first-leg launch Cs;

4. Gravity-assist and, where appropriate, Earth-entry feasibility.

A one-day date tolerance is used to account for the discretization of the grid. The initial
Voo tolerance is deliberately broad, at 10kms~!, because this stage is intended to generate
diverse seeds rather than to impose final encounter continuity. Candidate trajectories are
subsequently tightened by the continuous optimizer.

The baseline cascade search restricts first-leg launch energy to

C3 launch < 20km?s™2 (32)

for the EVME configuration. Flyby screening uses the gravitational parameter, body radius,
and minimum flyby altitude to estimate the maximum available deflection. A 5° margin
was allowed during the coarse cascade stage to avoid eliminating potentially useful seeds
solely because of the one-day discretization.

The candidate score takes the general form

N
S = Z wkC3,k, (33)
k=1

with lower scores preferred. The original EVME implementation used the weighting vector
w = [0.5, 0.3, 0.2] (34)

for its three transfer legs, while additional weighting terms were available in the implemen-
tation for mission-dependent constraints.

The cascade-filter concept is related to the broader principle of reducing a large MGA
search space before expensive continuous optimization [12]. Search-space pruning remains
an active area of MGA research, with recent work demonstrating substantial improvements
in convergence efficiency when physically motivated pruning is performed before global
optimization [13].

The number of retained trajectory seeds is mission-dependent and must be distin-
guished from both the DE population size and the random seed used to initialise a stochastic
optimization run. Retained trajectory seeds represent candidate regions identified by the
cascade search; the DE random seed controls the subsequent random-number sequence.
The retained candidate count is therefore reported separately for each mission. A larger
candidate pool can improve coverage of distinct trajectory regions but does not necessarily
improve the final solution if the additional candidates are redundant or of poor quality. No
universal optimal number of retained seeds is established by the present study.

3.3. Stage 3: Differential-Evolution Refinement

The continuous refinement stage uses the DE/rand/1/bin strategy [21]. For three
distinct population members x;, X;,, and x;;, a mutant vector is generated as

u=x, +F(x, —X), (35)
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where F is the mutation scale. Binomial crossover combines components of the mutant and
target vectors using crossover probability CR to construct a trial vector.
The mission-specific baseline configurations are

(100,150), EVME,

(Np/ Ng) =
(80,100), cislunar and Vesta, (36)

F=08, CR =0.9,

where N, is the population size and N, is the generation limit. These are nominal algorithm
configurations; their use does not establish that they are optimal for the mission cases.

Search bounds are constructed around the departure epochs and leg durations repre-
sented in the retained cascade candidates. The initial population incorporates the highest-
ranked available trajectory seeds, with unfilled population positions generated randomly
within the search bounds. All population members must satisfy the declared variable
bounds. Approximate encounter matching at initialisation is distinguished from final accep-
tance of a physically admissible trajectory. Table 2 summarises the mission-specific search
settings and the information available from the archived implementation and candidate
files. The retained cascade-candidate count is distinct from the DE population size. The
initial population uses the highest-ranked retained candidates up to the population limit;
any remaining positions are filled randomly within the search bounds.

Table 2. Mission-specific DE settings and archived reproducibility information.

Quantity EVME Cislunar Vesta
Population size, N, 100 80 80
Generation limit, Ng 150 100 100
Mutation scale, F 0.8 0.8 0.8
Crossover probability, CR 0.9 0.9 0.9
Retained cascade candidates 27 24 2134
Initial members from cascade candidates 27 24 80
Randomly generated initial members 73 56 0

The original executions did not explicitly prescribe and archive the initial random-
number-generator state or record elapsed computational time. These quantities therefore
cannot be reconstructed reliably from the saved results. The reported settings document
the search configuration but do not permit exact stochastic replay of the original executions
or establish computational-performance comparisons between mission cases.

3.3.1. Optimization Cost Function

Differential evolution refines the departure epoch and individual leg durations using
an energy-and-encounter-matching surrogate. This objective ranks candidate transfer ge-
ometries; it is not equivalent to total onboard manoeuvre demand, propellant consumption,
or a finite-thrust mission cost.

For leg k, the departure hyperbolic-excess velocity is

d
veor = vix — g, (), (37)

where vp, (t;) is the velocity of the departure body at the corresponding epoch. At an inter-
mediate encounter, vg', | denotes the incoming excess-velocity vector from the preceding
leg. Incoming and outgoing encounter quantities must be evaluated in a common reference
frame and at the same encounter epoch.
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The search objective takes the form

‘ 2

100 = 3o v
k=1

Voo k—1 0ok

v 2 38)
s 1] )

+ P entry + Pinvalid/

arr H _ ’ vdep

with we = 50. Velocity quantities in this objective are evaluated in km s~1. The first term
penalises large departure excess speeds, while the second penalises imperfect matching of
the incoming and outgoing excess-speed magnitudes.

For Earth free-return trajectories, the entry penalty is

2
1000 (Uentry - ZJentry,max) s Uentry = Uentry,max,
P entry — (39)
0, Ventry < Uentry,max

where Uentrymax = 12 km s~ L. For mission cases without the Earth-entry condition, Pentry = 0.

The invalid-state penalty is used to reject failed Lambert evaluations and inadmissible
transfer conics. Invalid candidates receive a large numerical penalty of 10°; when a Lambert
solution is unavailable, the remaining velocity-dependent terms cannot be evaluated
and the rejection cost is assigned directly. The penalty coefficients are numerical search
parameters and do not represent physical manoeuvre costs.

A reduction in | indicates improvement according to the adopted surrogate. It does
not demonstrate a reduction in the spacecraft correction requirement or establish a
minimum-AV trajectory. In particular, changes in launch energy and encounter matching
can offset one another within the objective. The onboard requirement is assessed separately
using the launch and manoeuvre accounting in Equation (24).

3.3.2. Search-Parameter Interpretation and Final Acceptance

The search parameters have distinct roles. Lambert-grid spacing controls the initial
coverage of the departure and arrival domains. Cascade tolerances determine which ap-
proximately matched candidates are retained. The number of retained trajectory seeds
affects coverage of candidate regions, whereas the DE population size, mutation scale,
crossover probability, and generation limit govern the subsequent stochastic refinement.

A finer grid increases the number of sampled opportunities and the computational
expense but does not by itself establish convergence of the final mission solution. Con-
versely, continuous refinement cannot guarantee recovery of a solution region that is absent
from the retained candidates. Permissive cascade tolerances may preserve candidates that
can become admissible after refinement, while restrictive tolerances reduce the refinement
workload at the risk of discarding such candidates. These trade-offs motivate separate
assessments of grid resolution, retained candidate count, and cascade thresholds.

The baseline values of F and CR are heuristic search settings rather than experimentally
established optima. Multiple independent runs with recorded random seeds are required
to quantify repeatability. Comparisons intended to isolate the effect of initialisation or an
algorithm parameter require common search bounds, physical acceptance criteria, and a
clearly stated computational budget.

Final physical acceptance is evaluated separately from the surrogate objective. Each
intermediate unpowered encounter must satisfy the excess-speed matching and turning
conditions in Equation (17). Applicable launch, terminal, and mission-duration constraints
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must also be satisfied. A small objective value or termination of the optimizer is therefore
insufficient to establish feasibility.

The resulting solutions are interpreted as candidates identified within the explored
search domain. Global optimality and stochastic convergence reliability cannot be inferred
from a single optimization run.

3.4. Post-Optimization Spacecraft Screening

The refined trajectory is evaluated against the compatible spacecraft-propulsion archi-
tectures. Under the adopted rideshare assumption, the nominal first-leg injection is supplied
by the launch service. The baseline correction allocation is g = 0.05 kms~! per intermediate
encounter, giving 29 = 0.10 kms ™! for each three-leg sequence. Any explicitly modelled
deterministic manoeuvres must be added according to Equation (24). This allocation is a
preliminary screening assumption and does not establish navigation or finite-thrust feasibility.

The screening procedure evaluates the following:

Propulsion hardware’s compatibility with spacecraft wet mass;
Tsiolkovsky AV capability;

Nominal onboard trajectory-correction requirement;

Voo cONtinuity;

Implemented flyby-turn feasibility;

Earth-entry speed for free-return trajectories;

NG N

Operational lifetime.

Propellant-capacity screening is supplemented by an analytical estimate of the re-
quired powered duration, as described in Section 5.5. This estimate identifies an additional
necessary condition on the available manoeuvre time. Because continuous thrust arcs
are not propagated, satisfaction of the capacity and aggregate time conditions does not
establish finite-thrust trajectory feasibility.

4. Verification and Validation

The available source dataset consists of the original dissertation, reported numer-
ical results, and the accompanying MATLAB implementation. No independent GMAT,
STK/ Astrogator, or equivalent n-body reconstruction was performed as part of the orig-
inal study. Consequently, this section distinguishes carefully between internal numeri-
cal/physical verification and independent external validation. Only the former can be
demonstrated from the available data.

4.1. Lambert-Solution and Conic Feasibility Checks

Every candidate transfer is generated from prescribed endpoint states and time-of-flight
using the Lambert solver. Failed Lambert solutions are rejected. For converged solutions,
the orbital angular momentum and eccentricity are calculated and used to determine the
transfer-orbit periapsis. Solutions intersecting the central body are removed before entering
the subsequent search stages. The same logic is retained inside the DE objective through
the large invalid-solution penalty. These checks provide an internal consistency test that
the accepted individual legs correspond to mathematically converged Lambert arcs that
do not intersect the central body within the adopted two-body model. They should not,
however, be interpreted as a benchmark verification of the Lambert implementation against
an independent solver. Such a comparison would require either a published Lambert test
case or an independent mission-analysis implementation and is outside the dataset available
for the present paper.
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4.2. Flyby ve and Deflection Consistency

The principal internal verification of the multi-leg connections is the reduction in
incoming/outgoing v, mismatch after continuous refinement. For the EVME trajectory,
the Venus mismatch is reduced from 0.993 km s~ to 0.042 km s—1, while the Mars mismatch
is reduced from 3.348 kms ! t0 0.051 kms . These reductions show that the DE refinement
moves the initially coarse multi-leg seeds toward substantially more consistent unpowered-
flyby conditions. For the Earth—Venus—Earth—Vesta trajectory, the corresponding absolute
mismatch is reduced from 0.500 kms~! to 0.010 kms~! at Venus and from 0.868 kms~!
to 0.128 kms~! at the Earth encounter. The implemented post-processing also compares
the vector-based required turn angle in Equation (15) with the maximum turn available
from Equation (16) wherever the corresponding intermediate-flyby check is invoked. Thus,
retained trajectories satisfy both continuity and geometric checks implemented in the
original software. For the Earth encounter preceding the final Vesta leg, the dissertation
provides the optimized v, mismatch but does not provide an independently propagated
B-plane or periapsis solution. The present work therefore does not claim independent
high-fidelity verification of that encounter.

4.3. Optimizer Refinement Evidence

The three test cases provide qualitatively different internal checks on optimizer be-
haviour. For EVME, the cascade filter produces 27 complete trajectories. DE substantially
changes the encounter timing and reduces the two flyby v, mismatches, indicating that the
continuous refinement is not simply reproducing a grid point. For the Vesta transfer, the
much larger search produces 2134 seed trajectories. DE reduces the overall mission duration
from 1567 to 1538 days and substantially changes the distribution of time-of-flight between
the individual legs while improving encounter continuity. For the Earth-Moon-Earth-Moon
case, the reported encounter dates remain unchanged after DE refinement. This observation
describes the timing outcome of the available run; it does not establish convergence of the
grid or optimizer, nor does it exclude alternative candidates outside the explored region.

4.4. Grid Resolution and Seed-Population Adequacy

The reported searches use a one-day grid for the interplanetary cases and a half-day
grid for the cislunar case. These are nominal search configurations; a controlled multi-
resolution study has not been completed. The unchanged cislunar encounter dates after
differential-evolution refinement describe the outcome of the reported run and do not
establish grid convergence or adequate coverage of alternative solution regions. Likewise,
the number of cascade candidates, the DE population size, and the random-number seed
describe different aspects of the search and must not be treated interchangeably. No sys-
tematic retained-candidate-count study with common bounds, acceptance criteria, and
computational budgets is reported. Consequently, the present results do not establish an
optimal grid spacing, candidate count, or filtering threshold.

4.5. Scope and Limitations of Validation

The original study does not contain repeated DE runs with multiple random seeds,
formal convergence-probability statistics, systematic perturbation of F and CR, or in-
dependent trajectory reconstruction in a second astrodynamics package. Such tests are
common in more extensive global-optimization studies [13] and would strengthen the
quantitative validation of the framework. Accordingly, the numerical results in this pa-
per demonstrate internal consistency within the adopted patched-conic model and the
implemented feasibility checks. They do not establish navigation-level trajectory accuracy.
Future work should reconstruct at least one interplanetary solution using an independent
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n-body mission-analysis tool and subsequently replace the impulsive propulsion screening
with finite-thrust propagation.

5. Results and Discussion

5.1. Earth—Venus—Mars—Earth (EVME) Free-Return Mission
5.1.1. Mission Context and Lambert-Grid Search: Case EVME

The EVME mission is based on the class of Venus-assisted Mars free-return opportuni-
ties studied by Hughes et al. [32]. Free-return architectures are attractive for propulsion-
constrained spacecraft because they avoid a major terminal orbit-insertion requirement.
In the present small-satellite interpretation, the Venus encounter can additionally support
atmospheric or ultraviolet measurements, while the Mars encounter can support imaging
or environmental observations. CubeSat-class Venus mission concepts have previously
been examined by NASA [33,34].

The Lambert-grid search for the EVME sequence is represented by the three porkchop
diagrams in Figure 2. Figure 2a shows the Earth—Venus first-leg search. For a specified
departure date, arrival date, and Lambert branch, the plotted departure characteristic
energy is )

/ (40)

C3,dep = HVL,dep — VE (tdep)‘

where v g4ep is the heliocentric departure velocity obtained from the Lambert solution
and VE(tqep) is the heliocentric velocity of Earth at the departure epoch. Both vectors are
expressed in the same inertial reference frame. Velocity quantities are evaluated in kms™!,
giving departure C3 in km? s 2. The contours therefore represent the squared Earth-relative
departure hyperbolic-excess speed. They do not represent the Venus arrival excess speed, a
sum of departure and arrival speeds, or the onboard spacecraft manoeuvre requirement.
The Venus arrival excess speed is a separate quantity calculated from Equation (9). The
sampled minimum is defined over the accepted combinations of departure date, arrival
date, and Lambert branch:

C3,grid,min = grélin CS,dep (g )/ (41)
where G, contains the sampled combinations that satisfy the stated leg-level search
conditions. Consequently, this minimum is conditional on the searched date domain,
time-of-flight bounds, grid resolution, and evaluated Lambert branches. It is not a global
minimum over unrestricted departure and arrival opportunities.
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Figure 2. Lambert-grid departure-C3 porkchop maps for the Earth—Venus-Mars—Earth sequence:
(a) Earth—Venus; (b) Venus—-Mars; (c) Mars—Earth. The horizontal axis represents arrival time, and
the vertical axis represents departure time; each is expressed in days relative to the reference date
printed on that axis. Colours indicate departure characteristic energy in km? s~2, measured relative
to the departing body of each leg. Dashed diagonal lines indicate constant times-of-flight in days.
The maps describe the sampled search domains and do not establish unrestricted global minima.
Arrival excess speed and onboard manoeuvre demand are separate quantities.

Figure 2b,c apply the same departure-energy definition to the Venus-Mars and Mars—
Earth legs, respectively, using the velocity of the departing body for each leg. These maps
provide candidate transfers for cascade filtering. A low-energy solution for an individual
leg need not belong to an admissible complete EVME trajectory: the assembled sequence
must also satisfy the encounter-matching, turning, launch, and Earth-return conditions.

5.1.2. Seed and Optimized Trajectories: Case EVME

The cascade filter produces 27 complete EVME trajectories. The best-ranked seed
departs Earth on 7 June 2033 and returns on 12 November 2035, giving a total transfer dura-
tion of 886 days. The DE-refined solution departs Earth on 17 May 2033, encounters Venus
on 4 February 2034 and Mars on 20 November 2034, and returns to Earth on 7 November
2035. The resulting duration is 902 days, or approximately 2.47 years. Although the total
mission duration increases by 16 days relative to the best seed, the encounter consistency
improves markedly. The Venus v mismatch decreases from 0.993 to 0.042 kms~!, and
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the Mars mismatch decreases from 3.348 to 0.051 kms~!. The optimized first-leg C; in-
creases from 13.106 to 19.247 km? s 2. This behaviour is physically meaningful under the
rideshare assumption: the optimizer accepts a more energetic launch condition because
that energy is supplied by the launch system, while improved interplanetary geometry
produces substantially better flyby continuity. The complete comparison of encounter
epochs, individual-leg times-of-flight, characteristic energies, and flyby v. mismatches
before and after differential-evolution refinement is provided in Table 3.

Table 3. Comparison of the best cascade-filter seed and the differential-evolution-refined Earth—
Venus-Mars-Earth (EVME) trajectory.

Parameter Seed Trajectory Optimized Trajectory
Earth departure 7 June 2033 17 May 2033
Venus flyby 27 February 2034 4 February 2034
Mars flyby 12 February 2035 20 November 2034
Earth return 12 November 2035 7 November 2035
Leg 1 TOF (days) 265 263

Leg 2 TOF (days) 351 288

Leg 3 TOF (days) 270 350

Total TOF (days) 886 902

Leg 1 C3 (km?s~2) 13.106 19.247

Leg 2 C3 (km?s72) 50.048 56.387

Leg 3 C;3 (km?s72) 13.080 21.320

Ave, at Venus (km s’l) 0.993 0.042

Ave, at Mars (kms™1) 3.348 0.051

Note: Ave, denotes the absolute mismatch between the incoming and outgoing hyperbolic-excess-
velocity magnitudes at the corresponding gravity-assist encounter.

5.1.3. Architecture Assessment: Case EVME

The 25 kg spacecraft equipped with the Busek BIT-3 is considered an illustrative
configuration under the adopted launch, correction-budget, and lifetime assumptions.
Using the propulsion inputs in Table 1, its ideal propellant-limited velocity-increment
capacity is approximately 1.305 kms~!. Relative to the nominal correction allowance of
0.10 kms~!, the corresponding capacity margin is approximately 1.205 kms~1.

This margin provides a basis for examining the configuration further but does
not establish its superiority over alternative spacecraft-propulsion combinations. Under
Equation (28), the configuration is assigned a 3.5-year screening lifetime. Compatibility
with this assumption must be assessed alongside the corrected trajectory duration, en-
counter conditions, Earth-return requirements, and available manoeuvre windows.

The ideal powered duration associated with the nominal correction budget is approxi-
mately 26.24 days, as reported in Section 5.5. Its allocation among individual corrections
requires a mission-specific manoeuvre schedule. Electrical-power availability, propulsion
integration, tankage, thermal control, communications, radiation tolerance, reliability,
attitude control, and payload allocation remain outside the present screening model.

Figures 3 and 4 present the propulsion-capacity and mission-duration dimensions
of the assessment. These quantities support preliminary comparison, while acceptance
of a complete EVME architecture requires satisfaction of the trajectory and spacecraft
requirements together.
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Earth-Venus-Mars-Earth: Duration Screening
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Figure 3. Combined propulsion and mission-duration screening for the optimized EVME trajectory.
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Figure 4. Propulsion AV capability across the spacecraft—propulsion architectures evaluated for the
optimized EVME trajectory.

5.2. Earth—-Moon—Earth—Moon (EMoEMo) Mission
5.2.1. Mission Context and Lambert-Grid Search: Case EMoEMo

The cislunar case is included to examine whether the same computational architecture
can be applied in a geocentric domain and to a much shorter mission. It is not intended
to reproduce the CAPSTONE trajectory. Rather, it is motivated by the broader use of low-
energy and resonant cislunar dynamics demonstrated by missions such as EQUULEUS and
CAPSTONE [35-37]. Recent research continues to examine low-thrust resonance gravity-
assist design for lunar applications [19].

A 0.5-day grid is used because the Earth-Moon geometry varies substantially over a
lunar orbital period. The first Earth-Moon transfer exhibits repeated low-energy departure
windows separated by approximately one lunar month. The minimum signed energy
indicator in the search is approximately C; = —2.168 km? s~2, with candidate Earth-Moon
transfer durations of approximately 2-10 days. Lunar arrival v, values across the search
window are approximately 0.87-1.80 kms~!. The second leg is a resonant geocentric arc
with a prescribed time-of-flight range of approximately 2040 days. The spacecraft follows
a large Earth-centred ellipse before returning toward Earth. The third leg then connects
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the Earth-return geometry to a second Moon encounter. The corresponding Lambert-grid
energy maps are presented in Figure 5. The repeated Earth-Moon departure windows and
the longer resonant intermediate leg are clearly distinguishable, illustrating the different
dynamical character of the three cislunar transfer segments.
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Figure 5. Lambert-grid energy maps for the Earth-Moon—Earth-Moon mission. (a) Earth-Moon first
transfer; (b) resonant Moon-Earth leg; (c) Earth-Moon final transfer. Negative C; values identify
geocentrically bound solutions within the adopted two-body formulation.
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5.2.2. Optimized Trajectory

The selected trajectory departs Earth on 14 March 2030 and reaches the Moon on 18
March 2030 after a 4.5-day transfer. It then follows a 23.5-day resonant arc and returns to
Earth on 11 April 2030 before a final 5-day transfer to the Moon, arriving on 16 April 2030.

The total mission duration isTinigsion = 33 days. The final signed energy indicators
are Cé"l = —2.120 km?s72, Cg,z = —0.866 km?s2, and C§,3 = —2.137 km?s—2. All remain
negative, confirming a geocentrically bound solution within the adopted model. Unlike
the interplanetary cases, the encounter epochs are unchanged by the DE stage. The 0.5-day
Lambert grid has therefore already captured the relevant timing basin, leaving little continuous
timing improvement for the optimizer. The seed and refined cislunar solutions are compared
quantitatively in Table 4. The unchanged encounter epochs and total mission duration confirm
that the 0.5-day Lambert grid had already identified the relevant timing basin, although the
energy indicator of the resonant leg was refined by the continuous optimization.

Table 4. Comparison of the best cascade-filter seed and the differential-evolution-refined Earth—
Moon-Earth-Moon trajectory.

Parameter Seed Trajectory Optimized Trajectory
Earth departure 14 March 2030 14 March 2030
First Moon encounter 18 March 2030 18 March 2030
Earth return 11 April 2030 11 April 2030
Second Moon encounter 16 April 2030 16 April 2030
Leg 1 TOF (days) 45 45

Leg 2 TOF (days) 23.5 23.5

Leg 3 TOF (days) 5.0 5.0

Total TOF (days) 33.0 33.0

Leg 1 C} (km?s~2) —2.120 —2.120
Leg 2 C; (km?s~2) —2.220 —0.866
Leg 3 C; (km?s72) —2.148 —2.137

Note: C3 denotes the signed geocentric energy indicator used for the cislunar analysis. Negative
values indicate that the spacecraft remains energetically bound to Earth within the adopted geocentric
two-body formulation. The encounter dates and total mission duration remain unchanged after
differential-evolution refinement.

5.2.3. Architecture Assessment: Case EMoEMo

The 5 kg spacecraft equipped with the ENPULSION Nano R3 is included as an
illustrative low-mass configuration. Its ideal propellant-limited velocity-increment capacity
is approximately 1.078 kms~!, exceeding the nominal 0.10 kms~! correction allowance.
The nominal 33-day mission duration is also below the adopted 1.5-year lifetime screening
limit for this mass category.

However, the ideal powered duration required to deliver the nominal correction bud-
get is approximately 16.50 days. As discussed in Section 5.5, this represents approximately
half of the nominal mission duration before operational interruptions and manoeuvre-
window restrictions are considered. Propellant capacity and the class-level lifetime assump-
tion therefore provide insufficient evidence to establish operational feasibility.

The Nano R3 configuration is consequently retained as a comparison case rather
than a demonstrated cislunar mission architecture. Its suitability depends on the ability
to schedule and direct the required thrust arcs while satisfying the encounter conditions,
power limitations, and spacecraft operational requirements. The present screening does
not establish that a 5 kg spacecraft can execute the proposed mission.

Figures 6 and 7 illustrate the capacity and lifetime tests separately. Their interpre-
tation must be combined with the manoeuvre-time assessment and subsequent dynami-
cal verification.
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Figure 6. Propulsion screening for the 33-day Earth-Moon-Earth—-Moon trajectory.
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Figure 7. Lifetime screening for the 33-day Earth-Moon-Earth-Moon trajectory.

5.3. Earth—Venus—Earth—Vesta (EVE-Vesta) Mission
5.3.1. Mission Context and Lambert-Grid Search: Case EVE-Vesta

The Earth—Venus—Earth—Vesta case is the most ambitious trajectory examined. Vesta
is a differentiated main-belt body whose structure and composition were extensively in-
vestigated by NASA’s Dawn mission [38,39]. This case therefore provides a useful test of
whether sequential inner-planet gravity assists can support a long-duration small-satellite
transfer toward the main asteroid belt. Venus—Earth gravity-assist sequences are well estab-
lished in interplanetary trajectory design [40], and repeated Venus/Earth assists formed a
key part of the Galileo interplanetary trajectory [8]. Modern MGA sequence-generation
research continues to exploit related energy-space and Tisserand-based methods [15].

The first Earth-Venus Lambert search identifies a low-energy basin centred near
May 2031. Its minimum Cj is approximately 6.17 km? s~2, corresponding to departure on
15 May 2031 and Venus arrival on 23 October 2031 after approximately 161 days. For the
Venus-Earth leg, the minimum identified Cj is approximately 7.68 km? s~2, although the
complete multi-leg cascade selects a different portion of the search space in order to connect
successfully with the final Vesta leg. The Earth—Vesta search is considerably narrower.

Its minimum identified Cj is approximately 30.1km?s~2, for a transfer of approximately
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906 days in the lowest-energy isolated-leg region. The narrowness of this window makes the
complete mission particularly sensitive to the preceding Venus-Earth encounter geometry.
The three Lambert-grid maps are shown in Figure 8. The comparatively narrow Earth—
Vesta opportunity in Figure 8c is particularly important because it restricts the range of
Venus-Earth trajectories that can subsequently connect to the final main-belt transfer.
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Figure 8. Lambert-grid energy maps for the Earth—Venus—Earth—Vesta trajectory.(a) Earth—Venus first
transfer; (b) Venus—Earth leg; (c) Earth—Asteroid Vesta final transfer.
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5.3.2. Seed and Optimized Trajectories: Case EVE-Vesta

The cascade filter produces 2134 complete seed trajectories. The best-ranked seed
departs Earth on 31 May 2031 and reaches Vesta after 1567 days. DE refinement moves the
departure to 27 May 2031.

The optimized encounter sequence is Earth — Venus — Earth — Vesta, with the
Venus encounter on 14 September 2031, Earth encounter on 13 June 2032, and Vesta ar-
rival on 12 August 2035. The final leg times-of-flight are T; = 110 days, T, = 273 days,
Tz = 1155 days, giving Tission = 1538 days =~ 4.21 years. The corresponding opti-
mized characteristic energies are C3; = 11.892 km?s72, C3p = 26.261 km?s~2, and
C33 = 84.851 km? s 2. The comparatively large third-leg value should not be interpreted
as an onboard spacecraft burn. It represents the outgoing heliocentric-energy state associ-
ated with the Earth encounter and subsequent transfer to Vesta. The Venus v, mismatch
decreases from 0.500 to 0.010 km s~ !, while the Earth mismatch decreases from 0.868 to
0.128 kms~!. These improvements demonstrate substantially stronger encounter continu-
ity than in the original cascade seed. Table 5 provides the complete comparison between
the best cascade-filter seed and the DE-refined trajectory, including the redistribution of
time-of-flight between the three legs and the substantial reduction in vs mismatch at both
intermediate encounters.

Table 5. Comparison of the best cascade-filter seed and the differential-evolution-refined Earth—
Venus-Earth—Vesta trajectory.

Parameter Seed Trajectory Optimized Trajectory
Earth departure 31 May 2031 27 May 2031
Venus flyby 17 November 2031 14 September 2031
Earth flyby 19 November 2031 13 June 2032
Vesta arrival 15 September 2035 12 August 2035
Leg 1 TOF (days) 170 110

Leg 2 TOF (days) 301 273

Leg 3 TOF (days) 1096 1155

Total TOF (days) 1567 1538

Leg 1 C3 (km?s~2) 9.724 11.892

Leg 2 C3 (km?s72) 18.526 26.261

Leg 3 C3 (km?s72) 32.053 84.851

Ave, at Venus (kms™1) 0.500 0.010

Avq at Earth (kms™1) 0.868 0.128

Note: Ave, denotes the absolute mismatch between the incoming and outgoing hyperbolic-excess-
velocity magnitudes at the corresponding gravity-assist encounter. The high Leg 3 C; of the optimized
trajectory represents the heliocentric departure-energy state following the Earth gravity assist and is
not an onboard spacecraft AV requirement.

5.3.3. Conditional Architecture Assessment

The 150 kg spacecraft equipped with the Busek BHT-200 is considered an illustra-
tive configuration for the long-duration mission scenario. Its ideal propellant-limited
velocity-increment capacity is approximately 0.967 kms~!, giving a capacity margin of
approximately 0.867 kms~! above the nominal correction allowance. Its ideal powered
duration for that allowance is approximately 13.31 days.

Under Equation (28), this configuration is assigned a six-year screening lifetime and,
therefore, passes the lifetime condition for the fixed 1538-day benchmark. This outcome
is conditional on the adopted lifetime model. As shown in Section 5.6, extending the
nominal microsatellite lifetime boundary by approximately 20.3% removes the lifetime-
only exclusion of that class for the same benchmark.
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The nominal screening also does not uniquely identify the 150 kg BHT-200 configura-
tion. For example, the 125 kg Exotrail Micro configuration is assigned the same six-year
lifetime under the adopted mass-based rule and has an ideal velocity capacity of approxi-
mately 0.488 kms 1. It therefore also passes the nominal capacity and benchmark lifetime
tests. The BHT-200 configuration offers a larger capacity margin at a greater spacecraft
mass, but a preferred architecture cannot be established without assessing the associated
power, integration, manoeuvre-scheduling, and mission requirements.

The terminal transfer condition considered here is an encounter with Vesta. Ren-
dezvous or orbit insertion would require an additional terminal-manoeuvre model and
a corresponding revision of the onboard resource assessment. The present correction al-
lowance must not be interpreted as including these additional requirements.

Figures 9 and 10 present the capacity and lifetime screening dimensions. Together with
the sensitivity analysis, they support a conditional comparison of candidate configurations
rather than a definitive selection of spacecraft mass or propulsion system.
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Figure 9. Propulsion screening for the Earth—Venus-Earth—Vesta trajectory.
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Figure 10. Mission-duration screening for the Earth—Venus-Earth—Vesta trajectory.

5.4. Sensitivity to the Onboard Correction Allowance

The influence of the assumed correction allowance is assessed independently of tra-
jectory optimization using the adopted set of 20 spacecraft—propulsion configurations. For
each configuration, the available velocity-increment budget is calculated using Equation (25),
with the adopted spacecraft wet mass, available propellant mass, and specific impulse.
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Under the baseline rideshare assumption, and with no additional deterministic ma-
noeuvres included, the total onboard correction requirement is 24 for the two intermediate
encounters. A configuration passes the propellant-capacity test when

A Vbudget > 24. (42)

Five values of q are considered, spanning one-half to ten times the nominal per-
encounter allocation of 0.05 km s 1. This range is used to examine how the passing architec-
ture set changes as the assumed correction demand increases. The scenarios are sensitivity
cases rather than statistical confidence bounds or correction requirements derived from a
navigation-error analysis.

Table 6 presents the resulting capacity-compliant counts. At the nominal total correc-
tion budget of 0.10 km s, 18 of the 20 configurations pass. Reducing the total budget to
0.05 km s~ ! allows all 20 configurations to pass, whereas increasing it to 0.20 kms~! and
0.40 kms~! reduces the passing set to 17 and 15 configurations, respectively. At a total
budget of 1.00 kms~!, only two configurations retain sufficient ideal propellant capacity.

Table 6. Sensitivity of propellant-capacity compliance to the assumed onboard correction allowance
for the 20 evaluated spacecraft-propulsion configurations.

Per-Encounter Allowance  Total Correction Budget Configurations Passing
g (kms~1) 2q (kms™1) Capacity Test
0.025 0.05 20/20
0.050 0.10 18/20
0.100 0.20 17/20
0.200 0.40 15/20
0.500 1.00 2/20

Note: Passing counts represent compliance with Equation (42) only. They exclude encounter ge-
ometry, operational lifetime, available electrical power, manoeuvre scheduling, and finite-thrust
trajectory constraints.

The results demonstrate that the nominal passing count depends materially on the
assumed onboard correction requirement. Because this isolated assessment uses the same
propulsion dataset and correction budget for each mission, it does not distinguish between
their navigation difficulty or dynamical feasibility. Mission-specific correction requirements
and any deterministic manoeuvres must be assessed separately before the architecture
counts can support mission-level conclusions.

5.5. Ideal Thrust Duration and Manoeuvre-Time Limitations

Sufficient propellant capacity does not establish that a propulsion system can deliver
the required velocity increment within the available manoeuvre windows. An additional
analytical assessment therefore estimates the powered duration associated with the adopted
correction budget.

For constant thrust T and specific impulse Isp, the ideal propellant requirement is

AV
Mprop,req = M0 [1 —exp (_ Iepg0 ) ] , (43)

where m is the spacecraft wet mass before the manoeuvre. The corresponding powered

duration is .
m
fon = EIPR0 P80, (44)
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For these equations, consistent SI units are used: AV is expressed in ms~,

8o = 9.80665 m s~2, mass in kilograms, and thrust in newtons, giving t,, in seconds. The
baseline correction budget of 0.10 kms~! therefore corresponds to AV = 100 ms™!.

These expressions assume constant propulsion performance and neglect steering
losses, interruptions, and restrictions on the placement of thrust arcs. They estimate the
propellant consumption and powered duration associated with a prescribed scalar velocity-
increment budget; they do not propagate a finite-thrust trajectory or demonstrate delivery
of the required encounter state.

Using the propulsion inputs in Table 1, the ideal powered durations for three illus-
trative configurations are reported in Table 7. These calculations are independent of the
trajectory-search objective.

Table 7. Ideal powered duration required to deliver a total velocity increment of 100 ms~! using the
adopted constant-thrust and constant-specific-impulse assumptions.
Provulsion Svstem Initial Spacecraft Ideal Powered
P y Wet Mass (kg) Duration (Days)
ENPULSION Nano R3 5 16.50
Busek BIT-3 25 26.24
Busek BHT-200 150 13.31

Note: Powered duration excludes interruptions and scheduling restrictions. The configurations are
illustrative screening cases and are not established mission architectures.

If tindow denotes the cumulative duration of permitted manoeuvre windows and
fduty is the assumed operating duty fraction within those windows, a necessary aggregate
time condition is

ton < fdutytwindowr 0< fduty <L (45)

The permitted windows must account for restrictions arising from power availability,
spacecraft attitude, communications, navigation operations, and encounter proximity.
Total mission duration is therefore not equivalent to available thrusting time. Satisfying
Equation (45) is also insufficient by itself: the individual manoeuvres must be appropriately
timed and directed to achieve their required trajectory corrections.

For the nominal 33-day cislunar case, the 5 kg Nano R3 configuration requires ap-
proximately 16.50 days of ideal powered operation, corresponding to approximately half
of the mission duration. This is a substantial scheduling requirement even before opera-
tional interruptions are considered. Consequently, the configuration cannot be described as
operationally feasible on the basis of propellant capacity alone. Its suitability requires an
explicit manoeuvre schedule and finite-thrust trajectory assessment.

5.6. Sensitivity to Operational-Lifetime Assumptions

The influence of the assumed lifetime boundaries is examined using a fixed duration
benchmark of 1538 days, corresponding to approximately 4.211 years when a year is taken
as 365.25 days. This benchmark isolates the effect of the lifetime assumptions from the
trajectory search. Its use does not independently validate the Vesta trajectory or establish
its final mission duration.

The nominal limits in Equation (28) are varied using a common multiplier a:

L,X(mo) = IXLQ(T}’lQ). (46)

Five scenarios are considered: a« = 0.50, 0.75, 1.00, 1.25, and 1.50. These represent
changes of up to 50% below and above the nominal limits. They are parameter-sensitivity
scenarios, rather than statistical uncertainty intervals or reliability predictions.
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For each scenario, a configuration is retained in the joint capacity-and-lifetime assess-
ment when
AVpudget > 0.10kms™!,  Ly(mg) > Ty, (47)

where T;, = 1538/365.25 yr is the fixed benchmark duration. The assessment uses the
same 20 spacecraft-propulsion configurations as the correction-budget sensitivity analysis.
Table 8 summarises the number of configurations satisfying both the propellant-capacity
and assumed-lifetime conditions for each lifetime multiplier.

Table 8. Sensitivity of joint propellant-capacity and lifetime compliance to the assumed lifetime limits,
for a fixed 1538-day benchmark and a total correction budget of 0.10 kms~!.

Lifetime Multiplier, « Configurations Passing Both Tests
0.50 0/20
0.75 5/20
1.00 5/20
1.25 15/20
1.50 15/20

Note: The multiplier is applied simultaneously to all three nominal lifetime limits. Passing counts
include only the propellant-capacity and assumed-lifetime conditions in Equation (47); encounter
geometry, electrical-power availability, and finite-thrust constraints require separate assessment.

At the nominal lifetime limits, five configurations satisfy both conditions. Reducing
the limits by 25% preserves these five configurations, whereas a 50% reduction excludes all
configurations. Increasing the limits by 25% expands the passing set to 15 configurations,
with no further increase at the 50% extension considered here.

The microsatellite lifetime boundary is particularly influential. For the fixed bench-
mark, the nominal 3.5-year limit must increase by approximately

1538/365.25
100( 22222222 g
00( 35

> = 20.31% (48)

before lifetime alone ceases to exclude this class. Propellant capacity and the other mission
constraints can still exclude individual configurations after this lifetime condition is met.
Consequently, the apparent preference for larger spacecraft in the long-duration case is
conditional on the adopted lifetime boundaries. The results support interpreting the active
screening constraint as a property of the mission scenario and its assumptions. They do not
establish a universal migration from propulsion-limited to lifetime-limited mission design.

5.7. Cross-Mission Comparison

The comparison in Table 9 is interpreted in terms of mission-dependent screening
outcomes under the adopted assumptions. Encounter geometry, onboard correction de-
mand, available manoeuvre time, and operational lifetime impose distinct requirements
whose relative importance depends on the mission scenario. The sensitivity analyses in
Sections 5.4 and 5.6 demonstrate that the passing architecture set changes with the correc-
tion allocation and lifetime boundaries. The powered-duration assessment in Section 5.5
further shows why a short mission can remain operationally challenging despite adequate
propellant capacity. Accordingly, any change in the active screening constraint across the
three cases is conditional on the stated model assumptions and does not establish a general
ordering of the constraints governing small-satellite missions.

The three configurations highlighted in the cross-mission comparison were chosen to
illustrate distinct properties of the evaluated 20-configuration set, rather than through a
common optimization criterion for spacecraft selection. For EVME, the 25 kg Busek BIT-3
configuration illustrates the largest ideal velocity-increment capacity in the evaluated set
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(approximately 1.305kms~!) under the adopted propellant and specific-impulse inputs.
Its inclusion does not imply that it is the lowest-mass configuration capable of satisfying
the nominal correction allowance.

Table 9. Illustrative spacecraft—propulsion configurations for the three mission contexts. Capacity

margins are measured relative to the nominal total correction allowance of 0.10 kms~!.

Mission Case Illustrative Configuration Velocity Capacity Capacity Margin
(kms™1) (kms™1)

EVME 25 kg Busek BIT-3 1.305 1.205

Cislunar 5 kg ENPULSION Nano R3 1.078 0.978

Vesta 150 kg Busek BHT-200 0.967 0.867

Note: Capacities are calculated from the adopted propulsion inputs and spacecraft wet masses
using Equation (25). The configurations are illustrative comparison cases. The table does not estab-
lish trajectory, finite-thrust, or complete spacecraft feasibility, and it does not identify a unique or
optimal architecture.

For the cislunar case, the 5 kg ENPULSION Nano R3 configuration illustrates the low-
est evaluated spacecraft mass. Its calculated capacity of approximately 1.078 km s ! exceeds
the nominal correction allowance, and the 33-day benchmark is within its assumed screen-
ing lifetime. However, the ideal powered duration reported in Section 5.5 shows that these
conditions alone do not establish the operational feasibility of the required manoeuvres.

For the Vesta case, the 150 kg Busek BHT-200 configuration illustrates the largest calcu-
lated velocity-increment capacity among the five configurations satisfying both the nominal
correction-capacity test and the assumed lifetime condition for the fixed 1538-day benchmark.
Its capacity is approximately 0.967 kms~!, and its assigned screening lifetime is six years. It is
not the lowest-mass passing configuration: the 125 kg Exotrail Micro alternative also satisfies
these two tests but provides a smaller capacity of approximately 0.488 kms ™.

These examples therefore illustrate capacity margin, low spacecraft mass, and capacity
within the lifetime-compliant subset, respectively. They do not constitute a ranking based on
a common system-level objective. A final architecture selection would additionally require
assessment of electrical power, propulsion integration, thermal control, communications,
reliability, payload allocation, and finite-thrust manoeuvre scheduling.

Two broader observations follow: First, the value of a gravity-assist architecture should
not be assessed solely by minimizing Earth-departure C3. The EVME solution deliberately
accepts a higher launch-energy state than the best cascade seed because it provides dra-
matically improved downstream encounter compatibility. Under rideshare injection, this
additional energy is external to the spacecraft propulsion budget. Second, the propulsion
trade study does not support a universal minimum-Is, threshold for deep-space small
satellites. It shows only that, within the particular propulsion systems, propellant masses,
spacecraft masses, and fixed 0.10 km s~1 correction allocation evaluated here, the two 65
and 80 kg Exotrail Nano combinations fail the Tsiolkovsky screen in all three mission cases.
Generalizing this result to all SmallSat propulsion systems would be inappropriate, particu-
larly given the rapid evolution of electric-propulsion technology [4] and the current NASA
technology survey [5]. The active screening constraint depends on the adopted mission
scenario and system assumptions. The correction-budget and lifetime sensitivity assess-
ments show that changing these assumptions can alter the passing configuration set. This
supports integrated trajectory—-spacecraft screening during preliminary design, without
establishing a universal progression from propulsion-limited to lifetime-limited missions.
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6. Conclusions

This study presents an integrated preliminary-design workflow linking Lambert-grid
exploration, cascade filtering, and differential-evolution refinement with explicit launch,
encounter, propulsion, mass, and operational-lifetime assumptions. Its contribution is the
coordinated application of established methods to examine candidate multi-gravity-assist
missions and their spacecraft-level implications. The analytical sensitivity assessment shows
that increasing the total correction allowance from 0.10 to 0.40 km s~ reduces the number of
capacity-compliant configurations from 18 to 15 out of 20. For the fixed 1538-day benchmark,
extending the assumed 3.5-year microsatellite lifetime by approximately 20.3% removes
its lifetime-only exclusion. Furthermore, the 16.50-day ideal powered duration calculated
for the 5 kg Nano R3 configuration demonstrates why propellant capacity alone cannot
establish operational feasibility for the 33-day cislunar benchmark. These results show that
the candidate architecture set depends materially on the adopted screening assumptions.
The highlighted configurations are therefore illustrative cases for further assessment, rather
than established mission architectures. The framework employs patched-conic dynamics
and a trajectory-search surrogate, and it does not establish minimum propellant consump-
tion, global optimality, or finite-thrust feasibility. Independent dynamical reconstruction,
stochastic robustness assessment, navigation-based correction budgets, and explicit power
and manoeuvre-scheduling models remain necessary before the candidate trajectories and
configurations can support mission-level design decisions.
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Abbreviations

The following abbreviations are used in this manuscript:

Cislunar Autonomous Positioning System Technology Operations

CAPSTONE and Navigation Experiment

DE Differential Evolution

EVME Earth—Venus-Mars-Earth

FEEP Field-Emission Electric Propulsion
GMAT General Mission Analysis Tool
JPL Jet Propulsion Laboratory

MarCO Mars Cube One

MGA Multi-Gravity Assist

NASA National Aeronautics and Space Administration
RF Radio Frequency

STK Systems Tool Kit

TCM Trajectory Correction Manoeuvre
TOF Time-of-Flight
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