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Abstract: The fuselage serves as the primary component of commercial aircraft. The
strength reliability of fuselage panels is therefore crucial for commercial aircraft. In the
present study, a finite element (FE)-based modeling approach has been developed to predict
the post-buckling behavior of curved fuselage panels under combined axial compression
and in-plane shear loads at different shear-to-compression ratios. The intra-laminar damage
was replicated using a progressive damage model driven by the Hashin’s failure criteria,
while the skin−stiffener debonding was modeled using the cohesive zone model. Failure
tests were performed using a bespoke Fuselage Panel Test System (FPTS), enabling com-
parison between experiments and simulations. The predicted buckling loads and ultimate
failure loads are in good agreement with those obtained from experiments, which verify
the predictive capability of the FE model. The failure load of the panels was found to be at
least 30% higher than the initial buckling loads for all loading cases, indicating significant
post-buckling load-carrying capacity. Under these four loading conditions studied, the
load transfer mechanisms of curved panels were examined. All specimens experienced
local skin buckling and subsequent global buckling, resulting in skin−stiffener debonding
followed by fracture of the stiffeners, which was the dominant failure mechanism for the
panel studied.

Keywords: composite; curved fuselage; complex boundary; test facilities; post-buckling

1. Introduction
Composite stiffened panels are a fundamental structural component in modern aircraft,

serving as the primary load-bearing element of the fuselage. During flight, these panels are
subjected to a complex combination of tensile, compressive, shear, bending, and internal
pressure loads. Upper fuselage panels primarily endure compression-shear combined
loads, and lower fuselage panels typically withstand tension-shear combinations. The
compression-shear combined loading condition represents the most critical scenario for
structural stability, as it can induce buckling even when both individual load components
remain below their respective critical thresholds [1]. Consequently, panel testing plays a
critical role in the hierarchical validation process of aircraft structures. To accurately assess
the strength performance of these panels, it is essential to account for the intricate interplay
of these loads during testing. Extensive research has been conducted on the buckling and
post-buckling behavior of stiffened panels under individual loads, such as pure shear or
pure compression [2–5]. However, simulating combined loads in experimental settings has
proven challenging due to limitations in testing technology. Traditionally, complex load
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boundaries have only been achievable through full-scale component structures, such as
cylinder sections and box sections [6,7].

The high manufacturing costs associated with full-scale components present significant
challenges to aircraft development. Consequently, there has been a growing focus on
testing techniques and apparatus for curved panels under complex loading conditions.
The NASA Langley Research Center’s Structures and Materials Laboratory has made
significant contributions to this field through the development of the Combined Loads
Test System (COLTS) [8–15]. Similarly, the Federal Aviation Administration (FAA) and
NASA developed the Full-Scale Aircraft Structural Test Evaluation and Research (FASTER)
facility [16]. In 2006, Boeing introduced the E-fixture test device [17], which aims to replicate
the loads experienced by fuselage panels during flight. The German company IMA has
developed a series of panel test devices, with the latest generation capable of simulating
the complex loads experienced by fuselage panels during flight [18]. Zang et al. designed a
composite load test device for fuselage panels [19–23].

Furthermore, due to the complex post-buckling failure mechanism of composite stiff-
ened panel structures, which is influenced by numerous factors and lacks accurate and
effective analysis methods, only conservative design criteria can be used in engineering
design to cover the analysis errors and the limitations of understanding. Therefore, con-
ducting in-depth research on the post-buckling failure mechanism of composite stiffened
panels in aviation, and developing practical failure prediction and evaluation methods
for engineering applications, will help in the effective application of composite stiffened
panel post-buckling design in aviation structures. This is of great significance for further
weight reduction and enhancement of load-bearing efficiency of composite structures [24].
Consequently, extensive research efforts have been devoted to understanding the buck-
ling and progressive failure of stiffened fuselage panels through both experimental and
numerical approaches. Current studies primarily focus on the post-buckling behavior
of stiffened panels under uni-axial loading [25,26]. Systematic evaluations of buckling
loads and failure modes have been conducted for various stiffener configurations [27–29].
Zhang’s comparative study analyzed I- and T-shaped stringers using FEM and engineering
methods [5], establishing bearing capacity correlations. Duarte [30] conducted an in-depth
numerical study on the influence of stinger cross-section on the mechanical behavior of
curved stiffened panels under compression. Numerical analysis was carried out to research
the post-buckling behavior on cylindrical panels with different radius/thickness ratios
and boundary conditions. Comparative evaluations of flat versus curved composite plates
under shear and bending have also been conducted [31,32]. Mahdy’s numerical work
addressed combined compression and torsional loading effects on composite cylindrical
shells [33]. Abramovich’s experimental-numerical program investigated J-stringer panels
under compressive loads [34]. Kumar [35] studied the influence of stringer’s geometry and
shape on the buckling and post-buckling behavior of curved stiffened composite panels.

However, research on large-scale curved fuselage panels under combined loads re-
mains limited due to the high cost and complexity related to manufacturing and the
technical challenges associated with curved panel testing. Li [36] adopted theoretical and
finite element analysis to predict the buckling load and capacity of fuselage panels. The
influence of BVID damage was also considered. Li [37] studied the complex stress field test
technology of large fuselage panels with opening holes, and developed a set of multi-load
application test facilities. Chai Yanan et al. (patents (1–4)) created the Fuselage Panel
Complex Load Test Device (FPTS), which is based on a self-balancing shear frame concept.
Deng [38] conducted verification work on the FPTS apparatus under multi-axis loading,
and the results showed that the strain data are uniform in uni-axial loading experiments
and satisfy the superposition principle for small deformation in multi-axial loading exper-
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iments. This validation confirms the system’s capability to apply decoupled multi-axial
loading without significant cross-component interference.

This study focuses on the failure analysis of fuselage panels under pure shear, pure
compression, and two combinations of shear and compression with different load ratios. A
finite element (FE)-based approach was developed to predict the post-buckling behavior
and failure modes of curved fuselage panels under uni-axial and multi-axial loads. Panel
testing was conducted using FPTS. Simulation results were in good agreement with ex-
perimental data, which validates the effectiveness of the FE model. The post-buckling
behavior and failure modes of the fuselage panels were investigated under four distinct
loading conditions. During the post-buckling phase, a progressive load transfer to the
stiffeners was observed. The experimental and numerical results demonstrate that the
global buckling-induced waviness contributes to the skin−stiffener debonding, which
results in the final failure of the panel.

2. Experiment
2.1. Specimen Configuration

The fuselage panel consists of a composite fuselage skin with hat-shaped stiffeners,
comprising a total of four panels. All the specimens were produced using autoclave-curved
Carbon/Epoxy prepregs. The dimensions of the specimen are illustrated in Figure 1. The
total length is 3100 mm, the overall width (curvilinear length) is 2150 mm, and the radius
is 3000 mm. The specimen features five frames and eight stringers, with a spacing of
210 mm between stringers and 620 mm between frames. The single-layer thickness of the
composite material is 0.186 mm, and the material properties are detailed in Table 1 [39].
These properties include the elastic modulus E11 and E22, the in-plane Poisson’s ratio v12,
the longitudinal tensile and compressive strengths XT and XC, the transverse tensile and
compressive strengths YT and YC, the in-plane shear modulus G12, the in-plane shear
strength S12, the Interlaminar Tensile Strength SN, and the critical energy release rates GIC

and GIIC. The stacking sequences for the specimen are provided in Table 2, with the 0◦

layers aligned along the stringer direction. The fuselage frames are constructed using a
combination of L-shaped and Z-shaped profiles. The stringers and skin are fabricated using
a co-bonding technique, while the frames are mechanically fastened to the skin via bolted
connections.

Figure 1. (a) Fuselage panel specimen. (b) Cross-section of the hat stiffener. (c) Cross-section of
the frames.
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Table 1. Mechanical properties of composite.

Properties E11/MPa E22/MPa XC/MPa YC/MPa XT/MPa YT/MPa

Values 154,000 8500 1450 285 2610 55

Test Methods ASTM D6641 ASTM D3090

Properties v12 G12/GPa S12/MPa S23/MPa GIC/(kJ/m2) GIIC/(kJ/m2)

Values 0.35 4200 105 115 0.374 2.48

Test Methods ASTM D3090 ASTM D3518 ASTM D3518 ASTM D5379 ASTM D5528 ASTM D7905

Table 2. Lay-ups sequences of fuselage panels.

Position Number of Plies Stacking Sequence

Skin 12 [45/−45/−45/90/45/0]S
Stiffener 9 [45/0/0/−45/90]S
Frame 14 [45/−45/0/90/45/−45/0]S

Note: Subscript S: symmetrical layup. Underline in [45/0/0/−45/90]S: symmetrical layup except 90◦ layer.

2.2. Test Facility and Procedures

Figure 2 illustrates the Fuselage Panel Test System (FPTS, developed by Aircraft
Strength Research Institute of China, Xi’an, China). The testing setup is composed of
three main parts: the compression loading component, the shear loading component, and
the V-shaped support component, as shown in Figure 3. In this apparatus, axial tensile
and compressive loads are applied through two actuators, both connected to a support
beam and a loading beam, as illustrated in Figure 3a. When activated, the actuators drive
the loading beam along precision linear guide rails, enabling controlled and accurate
load application. The curved ends of the test specimen are fastened to the fixtures using
mechanical fasteners, simulating fixed boundary conditions, while the straight edges are
connected to V-shaped components that provide simple support constraints.

Figure 2. Fuselage panel test system.
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(a) Compression loading component. 

(b) Shear loading component. 
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Figure 3. Components of the fuselage panel test system.

The application of shear loads is divided into active and passive loading mechanisms.
A multi-point distributed shear load is applied along the straight edges of the specimen,
while the curved edges are loaded via the actuators with curved levers rotating around
their pivots to change the direction of the force [40], as shown in Figure 3b. The support
end of the specimen is fixed to provide passive shear resistance. It is worth mentioning
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that as illustrated in Figure 3c, the V-shaped components are designed to rotate around the
Z-direction and slide along the Z-direction, ensuring uniform distribution of shear loads
across all four edges of the specimen. There is an airbag room in the V-shaped support
component, which provides air pressure for the test specimen. For further details on the
design and operational principles of this apparatus, refer to patents (1–4).

During the test, strain measurements were conducted using strain gauges.
Figures 4 and 5 show the locations of the strain gauges. The strain gauges on the skin were
installed in a back-to-back configuration. The strain gauge numbering convention on the
skin is as follows:

• The first number is the cross-section number.
• The second number is the column number.
• The third number is the orientation of the strain gauge. Gauge 1 (0◦) aligns with the

axial direction of the stiffeners, Gauge 2 (45◦) corresponds to the 45◦ direction, and
Gauge 3 (90◦) aligns with the circumferential direction of the specimen.

• The strain gauges on the inner surface of the skin were systematically numbered by
prefixing a ‘1’ to the corresponding gauge numbers on the outer surface.

Figure 4. Locations of the strain gauges on the skin.

Figure 5. Locations of the strain gauges on the stiffeners.
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The experiments described in this study include four load cases: pure compression,
pure shear, and two different combined load cases. The reference loads are presented in
Table 3. For each load case, the experimental procedure was conducted as follows:

• Preliminary test: The load was incrementally increased in steps equal to 5% of the
reference load (as shown in Table 3) until it reached 30% of the reference load.

• Buckling load test: The load was increased in steps of 5% of the reference load until it
reached 70%. Beyond this point, the load was increased in steps of 2% until buckling
occurred, as determined by strain data.

• Destructive test: The load was increased in steps of 5% of the reference load until it
reached 70%. Subsequently, the load was increased in steps of 2% until the fuselage
panel experienced failure.

Table 3. One hundred percent of the loads under four loading cases.

Load Case Compression Load (N/mm) Shear Load (N/mm)

Compression 270 N/mm 0
Shear 0 251 N/mm

Combined load A 196 N/mm 137 N/mm
Combined load B 270 N/mm 91 N/mm

At each step, the load was maintained for 3 s before strain measurements were
recorded. Strain values were acquired using the ST-24 Data Acquisition System, which has
a measurement accuracy of ±1% of the reading.

3. Numerical Modeling
3.1. Finite Element (FE) Model of Composite Fuselage Panel

The comprehensive finite element model of the test specimen, depicted in Figure 6,
is constructed using a cylindrical coordinate system in ABAQUS/Standard (6.14 version).
The skin, stiffeners, and frame are modeled with four-node shell elements (CS4R), while
the radius fillets within the hat stiffener are represented using 3D eight-node solid elements
(C3D8R). Cohesive elements are incorporated to accurately simulate the interfacial behavior
between the skin and stringers. Furthermore, the constraints are applied to enforce proper
connectivity between the skin and reinforcement plates, as well as between the frame and
stiffeners, ensuring a realistic representation of the structural interactions.

Figure 6. FEM model of fuselage panel.



Aerospace 2025, 12, 470 8 of 27

Under pure compression loading conditions, the rotational and translational degrees
of freedom (DOF) for both the bottom end and the loading end are illustrated in Figure 7
and detailed in Table 4 Since the V-shaped components are designed to rotate around the
Z-direction and slide along the Z-direction. The reinforcement areas on both sides are
constrained in the translational degree of freedom along the R-direction and the rotational
degree of freedom along the T-direction.

Figure 7. Compressive load and boundary conditions.

Table 4. The rotational and translational DOF under pure compression load case.

Location U (R) U (T) U (Z) UR (R) UR (T) UR (Z)

Bottom end 0 0 0 0 0 0
Loading end 0 0 20 mm 0 0 0

Reinforcement area 0 0

Under pure shear loading conditions, the rotational and translational degrees of
freedom (DOF) for all four edges are illustrated in Figure 8 and detailed in Table 5. The
shear load is applied to the entire specimen through shear flow, exerted on three edges,
while the bottom end remains fixed.

Figure 8. Shear flow and boundary conditions.
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Table 5. The rotational and translational DOF under pure shear load case.

Location U (R) U (T) U (Z) UR (R) UR (T) UR (Z)

Bottom end 0 0 0 0 0 0
Loading end 0 0 0 0

Reinforcement area 0 0

Under combined loading conditions, the rotational and translational degrees of free-
dom (DOF) for all four edges are illustrated in Figure 9 and detailed in Table 6. The shear
load is applied to the specimen in the same manner as in the pure shear load case. Simulta-
neously, a reference point is coupled with the loading end of the specimen to facilitate the
application of compressive loads.

Figure 9. Combined load and boundary conditions.

Table 6. The rotational and translational DOF under combined load case.

Location U (R) U (T) U (Z) UR (R) UR (T) UR (Z)

Bottom end 0 0 0 0 0 0
Loading end 0 0 0

Reinforcement area 0 0

3.2. Intralaminar Damage Modeling

In this study, Hashin’s failure criterion, incorporating stiffness matrix degradation,
was employed to accurately simulate the failure behavior of both the stiffener and the skin.
This criterion comprehensively accounts for tensile and compressive damage modes in
both the fiber and matrix phases, providing a robust framework for predicting progressive
failure in composite structures [28].

Fiber tensile mode (σ11 ≥ 0):(
σ11

XT

)2
+

(
σ12

S12

)2
+

(
σ13

ST13

)2
≥ 1 (1)

Fiber compressive mode (σ11 ≤ 0):(
σ11

XT

)2
≤ 1 (2)
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Matrix tensile mode (σ22 ≥ 0):(
σ22

YT

)2
+

(
σ12

S12

)2
+

(
σ23

S23

)2
≥ 1 (3)

Matrix compressive mode (σ22 ≤ 0):(
σ22

YC

)2
+

(
σ12

S12

)2
+

(
σ23

S23

)2
≥ 1 (4)

Here, σij represents the components of the stress tensor, while X, Y, and S denote the
material strengths, as specified in Table 1.

This study employs a constant degradation model based on Continuum Damage
Mechanics (CDMs) to simulate the progressive degradation of composite materials. Upon
failure at a material point, the stress−strain relationship is defined as follows:

σ = Cd : ε

Cd =

 Cd
11 Cd

12 0
Cd

21 Cd
22 0

0 0 Cd
66

 (5)

Here, Cd denotes the matrix of stiffness after material degradation.

Cd
11= (1 − d1)

2C11 Cd
12= Cd

21= (1 − d1)(1 − d2)C12

Cd
22= (1 − d2)

2C22 Cd
66= (1 − d1)(1 − d2)C66

(6)

The damage variables d1 and d2 are employed to characterize the degradation of the
fiber and matrix, respectively. A value of 0 indicates undamaged material, while a value of
0.98 represents fully damaged material.

3.3. Interlaminar Damage Modeling

To simulate the interfacial behavior between the skin and stiffeners, cohesive elements
based on the quadratic stress criterion, were implemented to predict the initiation of
skin−stiffener debonding under complex loading conditions. The cohesive properties
include normal strength N, tangential strength T, and shear strength S. The quadratic
stress criterion is mathematically expressed as Equation (7) and provides a framework for
evaluating interfacial failure onset.(σn

N

)2
+

(σs

S

)2
+

(σt

T

)2
= 1 (7)

where, N, S, and T are listed in Table 7 [39], denoting the strengths in the corresponding
direction.

Table 7. Mechanical properties of the adhesive of Carbon/Epoxy.

Properties N/MPa S/MPa T/MPa

Values 56 115 115

The mixed mode power-law criterion in Equation (8) was employed to determine the
damage evolution of debonding.(

Gn

Gc
n

)2
+

(
Gs

Gc
s

)2
+

(
Gt

Gc
t

)2
= 1 (8)
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Gn, Gs, and Gt represent the work carried out by traction forces along with their
corresponding relative displacements. Gc

n, Gc
s , and Gc

t denote the critical fracture energies
required to induce failure in the normal and two tangential directions, respectively. Upon
damage initiation, the cohesive elements follow the constitutive relationship defined by
Equation (10), as follows:

σ =


σn

σs

σt

 = (1 − D)

knn kns knt

kns kss kst

knt kst ktt




δn

δs

δt

 = (1 − D)Kijδ (9)

D is the damage variable describing the damage evolution of the interface, following
the equation below:

D =
δF(δ− δ0)

δ(δF − δ0)
(10)

4. Results and Discussion
4.1. Compression

During the compression load test, the initial buckling load was measured at 1486.8 kN,
while the failure load was recorded as 2166.5 kN. The ultimate load capacity exceeded the
initial buckling load by 45.72%. The finite element analysis (FEA) predicted a buckling load
of 1410.23 kN and a failure load of 2017.53 kN, resulting in relative errors of −5.17% and
−6.88%, respectively. The post-buckling behavior of the test specimen under compressive
loading is illustrated in Figure 10. As the external load increased, the primary buckling in
the central area of the skin propagated along the loading axis. The initial buckling point was
identified at gauge No. 241. Figure 11 provides a comparative analysis of the load-strain
curves obtained from the finite element method and the experimental data for this location.
The strain values exhibited a linear increase with the applied load until buckling occurred.
As shown in Figure 11, the skin buckling caused a sudden and significant divergence in the
back-to-back values, indicating the onset of instability.

 
(a) Loading to 1410.23 kN. (b) Loading to 1657.79 kN. 

 
(c) Loading to 1745.67 kN. (d) Loading to 2017.53 kN. 

Figure 10. The displacement of R−direction in post-buckling progression of test specimen under
compressive load. (a) Initial buckling at 1410.23 kN. (b) Loading to 1657.79 kN. (c) Loading to
1745.67 kN. (d) Loading to 2017.53 kN.
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Figure 11. Load−strain curve of simulation and experiment for initial buckling point (No. 241) under
compressive load.

Figure 12a displays strain readings from four additional skin regions. When the
load reached 1839 kN, a second buckling point appeared in the strain curves of the panel
skin. Figure 12b shows the axial strain readings on the top of the stiffeners adjacent to
selected points on the skin. These readings provide critical insights into the load transfer
mechanisms between the skin and stiffeners. Since the compressive loading capacity
of the skin decreases after the skin buckles, the stiffeners begin to bear the majority of
the compressive load, which can be observed by the increase in the tangent of the axial
compressive strain curves after buckling. When the loads reached about 1879 kN, the
stiffeners began to buckle, which is 2.17% higher than the second buckling load of the skin.
The buckling of the skin and stiffeners indicates the onset of global structural instability.

  

(a) (b) 

Figure 12. Typical load−strain curves of experiment for skin and stiffeners in central area. (a) Load-strain
curves obtained from the skin. (b) Load-strain curves obtained from the stiffeners.

Figure 13 presents the progressive debonding between the stiffeners and skin as
simulated by FEM. When loading to 1915.48 kN, interfacial debonding initiates, which is
dominated by shear stress at the skin−stiffener interface, as shown in Figure 13a. With the
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increasing applied load, the debonding area exhibited progressive expansion. The final
debonding area is shown in Figure 13b.

 

  
 (a) (b) 

Figure 13. Interfacial debonding of skin and stiffeners in FEM under pure compression. (a) Initial
debonding at 1915.48 kN. (b) Final debonding area at ultimate load.

After the fuselage experienced secondary buckling and interfacial debonding, skin
wrinkling and structural failure quickly ensued. The failure mode of the test specimen
under compressive loads exhibited wrinkling on the outer skin surface, delamination of
the skin from the stiffeners at the failure section, and compressive failure of the stiffeners,
as shown in Figure 14.

 
(a) 

Figure 14. Cont.
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Figure 14. Comparison of failure modes in the experiment and finite element analysis under compres-
sion load case. (a) Fiber compressive failure (corresponding to state variable SDV1) in finite element
analysis. (b) Failure mode in the experiment.

4.2. Shear

Under pure shear loading conditions, the experimental initial buckling load was
measured at 684.6 kN, with the ultimate failure load reaching 1019.2 kN. The ultimate load
capacity exceeded the initial buckling load by 48.88%. The finite element analysis (FEA)
predicted an initial buckling load of 712.95 kN and a failure load of 1094.17 kN, resulting
in relative discrepancies of 4.13% and 7.36%, respectively. The post-buckling behavior of
the specimen under compressive loading is depicted in Figure 15. The initial buckling
point for the panel under this loading condition was identified at strain gauge No. 461.
Figure 16 presents a comparative analysis of the load-shear strain curves derived from
FEM simulations and experimental data for this location, along with the corresponding
back-to-back strain readings. The strain values demonstrated a linear increase with the
applied load until buckling initiation. As illustrated in Figure 16, skin buckling induced a
sudden and pronounced divergence in the back-to-back strain values, marking the onset of
structural instability.

Figure 17a displays shear strain readings from four additional skin regions. When
the load reached 772.6 kN, second inflection points appeared in the strain curves of the
panel skin, indicating the occurrence of secondary buckling at these locations. Figure 17b
displays the axial strain readings measured at the top of the stiffeners, specifically at
locations adjacent to selected points on the skin. Due to the very low slope of the load-
strain curves for the stringer, it can be inferred that the stringers were initially subjected
to minimal load transfer. This suggests that the majority of the shear load was still being
carried by the skin prior to its buckling. The gradual increase in the slope of the stringers’
load-strain curves after skin buckling indicates a progressive transfer of load from the
skin to the stringers, with some stringers transitioning into compression while others
experienced tension. As the shear load increases, localized shear buckling progressively
propagated and merged along diagonal directions, leading to the emergence of secondary
buckling in central regions, as indicated by the strain distribution simulated by FEM.
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This phenomenon resulted in a redistribution of stresses, with some areas experiencing a
significant secondary buckling.

  

(a) Loading to 712.95 kN. (b) Loading to 810.32 kN. 

  
(c) Loading to 954.63 kN. (d) Loading to 1094.17 kN. 

Figure 15. The displacement of R−direction in post-buckling progression of test specimen under pure
shear in FEM. (a) Initial buckling at 712.95 kN. (b) Loading to 810.32 kN. (c) Loading to 954.63 kN.
(d) Loading to 1034.17 kN.

Figure 16. Load−strain curve of simulation and experiment for initial buckling point (No. 461) under
pure shear load case.
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(a) (b) 

Figure 17. Typical load−strain curves of experiment for skin and stiffeners in central area under pure
shear load condition. (a) Load-strain curves obtained from the skin. (b) Load-strain curves obtained
from the stiffeners.

Figure 18 presents the progressive debonding between the stiffeners and skin. When
the load reached 845.80 kN, interfacial debonding initiates, which is dominated by shear
stress at the skin−stiffener interface, as shown in Figure 18a. The final debonding area is
shown in Figure 18b.

 

  
 (a) (b) 

Figure 18. Interfacial debonding of skin and stiffeners in FEM under pure shear. (a) Initial debonding
at 845.80 kN. (b) Final debonding area at ultimate load.

The ultimate failure mode of the specimen under shear loading was characterized
by diagonal fractures propagating through both the stringers and the skin, coupled with
extensive debonding at the skin−stringer interfaces, as illustrated in Figure 19. This failure
pattern highlights the complex interaction between shear-induced fracture and interfacial
delamination, providing critical insights into the failure mode of fuselage panel under
shear-dominated loading conditions.
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Figure 19. Comparison of failure modes in the experiment and finite element analysis under shear
load case. (a) Matrix tension failure (corresponding to state variable SDV3) in finite element analysis.
(b) Failure area in the experiment with debonding regions highlighted by the red line.

4.3. Combined Load Case A

During the combined load case A, the initial buckling load was 881.82 kN (in compres-
sion), while the failure load was 1244.12 kN (in compression). The ultimate load capacity
exceeded the initial buckling load by 41.09%. In the finite element analysis, the buckling
load was determined to be 937.84 kN, and the failure load was 1294.28 kN, with discrep-
ancies noted as 6.35% and 4.10%, respectively. The post-buckling progression of the test
specimen under combined load case A is illustrated in Figure 20. The initial buckling point
of the purely compressed curved plate is located at gauge No. 351. And Figure 21 presents
a comparative analysis of the load-strain curves between the finite element method and the
experimental data at the initial buckling point.
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(a) Loading to 937.84 kN. (b) Loading to 1023.75 kN. 

  
(c) Loading to 1142.78 kN. (d) Loading to 1294.28 kN. 

Figure 20. The displacement of R−direction in post-buckling progression of test specimen under
combined load case A. (a) Initial buckling at 937.84 kN. (b) Loading to 1023.75 kN. (c) Loading to
1142.78 kN. (d) Loading to 1294.28 kN.

Figure 21. Load−strain curves of simulation and experiment for initial buckling point (No. 351)
under combined load case A.

Figure 22a displays strain readings from four additional skin regions. When the
load reached 958 kN, a second inflection point appeared in the strain curves of the panel
skin, indicating the occurrence of secondary buckling at this location. As the applied
load increased, secondary buckling progressively emerged at multiple locations across the
structure. Figure 22b shows the axial strain readings on the top of the stiffeners at four
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different points adjacent to selected points on the skin. Since the compressive loading
capacity of the skin decreases after the skin buckles, the stiffeners begin to bear the majority
of the compressive load, which can be observed by the increase in the tangent of the axial
compressive strain curves after buckling. When loading to 1081 kN, the stiffener also began
to buckle, which is 12.79% higher than the second buckling load of the skin. Buckling of
the skin and stiffeners indicates the onset of global structural instability, leading to a rapid
redistribution of loads and accelerated structural degradation.

 
(a) (b) 

Figure 22. Typical load−strain curves of experiment for skin and stiffeners in central area under
combined load condition A. (a) Load−strain curves obtained from the skin. (b) Load−strain curves
obtained from the stiffeners.

Figure 23 presents the progressive debonding between the stiffeners and skin. When
the load reached 1061.47 kN, interfacial debonding initiates which is dominated by shear
stress at the skin−stiffener interface, as shown in Figure 23a. The final debonding area is
shown in Figure 23b.

  
 (a) (b) 

Figure 23. Interfacial debonding of skin and stiffeners in FEM under combined load case A. (a) Initial
debonding at 1061.47 kN. (b) Final debonding area at ultimate load.

As illustrated in Figure 24, the final failure mode of the fuselage panel under combined
load A was characterized by debonding of the stiffeners and skin along a diagonal direction,
with a failure inclination angle smaller than that observed under pure shear conditions,
indicating interfacial failure as a contributing factor to the overall structural collapse.
Furthermore, cracks were identified at the stiffeners and the skin.
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Figure 24. Comparison of failure modes in the experiment and finite element analysis under combined
load case A. (a) Fiber compressive failure (corresponding to state variable SDV1) in finite element
analysis. (b) Failure area in the experiment with debonding regions highlighted by the red line.

4.4. Combined Load Case B

The initial buckling compressive load of the curved fuselage during combined load
case B was 1356.20 kN (in compression), with a failure load of 1804.71 kN (in compression).
The ultimate load capacity exceeded the initial buckling load by 33.08%. In the finite
element analysis, the buckling load was determined to be 1430.51 kN, and the failure load
was 1908.72 kN, resulting in relative errors of 5.45% and 5.72%, respectively. The post-
buckling progression of the test specimen under combined load case B in the finite element
analysis is illustrated in Figure 25. The initial buckling point is located near buckling point
No. 241. And Figure 26 presents a comparative analysis of the load-strain curves between
the finite element method and the experimental data at the initial buckling point.
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(a) Loading to 1430.51 kN. (b) Loading to 1657.54 kN. 

  
(c) Loading to 1784.61 kN. (d) Loading to 1908.72 kN. 

Figure 25. The displacement of R−direction in post-buckling progression of test specimen under
combined load case B. (a) Initial buckling at 1430.51 kN. (b) Loading to 1657.54 kN. (c) Loading to
1784.61 kN. (d) Loading to 1908.72 kN.

Figure 26. Load−strain curve of simulation and experiment for initial buckling point (No. 241) under
combined load case B.

Figure 27a displays strain readings from four additional regions of the skin. When
the load reached 1546.43 kN, a second buckling point appeared in the strain curves of
the panel skin. As shown in Figure 27b, the skin’s buckling triggered a progressive load
redistribution, with the stiffeners assuming an increasing role in carrying the compressive
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load, as evidenced by the pronounced tangent in their strain curves and response curves.
Following the onset of the skin’s second buckling, as loading to 1613.66 kN, the stiffeners
exhibited buckling, which is 4.35% higher than the second buckling load of the skin. This
sequential failure mechanism indicates that the stiffener’s loss of stability disrupted the
original load-sharing equilibrium, inducing the onset of global structural instability, which
triggered a rapid degradation in the structural load-bearing capacity.

 
(a) (b) 

Figure 27. Typical load−strain curves of experiment for skin and stiffeners in central area under
combined load condition B. (a) Load−strain curves obtained from the skin. (b) Load−strain curves
obtained from the stiffeners.

Figure 28 presents the progressive debonding between the stiffeners and skin. When
the load reached 1629.73 kN, interfacial debonding initiates which is dominated by shear
stress at the skin−stiffener interface, as shown in Figure 28a. The final debonding area is
shown in Figure 28b.

 
  

 (a) (b) 

Figure 28. Interfacial debonding of skin and stiffeners in FEM under combined load case B. (a) Initial
debonding at 1629.73 kN. (b) Final debonding area at ultimate load.

As illustrated in Figure 29, the final failure mode of the fuselage panel exhibited
fracture of the stiffeners and skin along an oblique angle, with the failure angle being
smaller than that observed under combined load case A.



Aerospace 2025, 12, 470 23 of 27
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(b) 

Figure 29. Comparison of failure modes in the experiment and finite element analysis under combined
load case B. (a) Fiber compressive failure (corresponding to state variable SDV1) in finite element
analysis. (b) Failure mode in the experiment.

Figure 30 provides a summary of the curved fuselage panels’ structural performance
across four loading conditions. The figure contains initial buckling and secondary buckling
loads of skin, buckling loads of stiffeners, ultimate loads of specimens, and initial debonding
loads in FEM. Through integrated finite element analysis and experimental investigations,
the load transfer mechanisms of curved panels were examined.

Figure 30. Summary of important loads in four loading conditions.
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The experimental results demonstrate significant post-buckling load-carrying capacity
across all loading conditions:

• Pure compression:

The ultimate failure load exceeded the initial buckling load by 45.72%.

• Pure shear:

The ultimate failure load was 48.88% higher than the initial buckling load.

• Combined loading case A:

The ultimate failure load was 41.09% higher than the initial buckling load.

• Combined loading case B:

The ultimate failure load was 33.08% higher than the initial buckling load.
This finding demonstrates that curved panels exhibit a more extended post-buckling

progression under uni-axial loading conditions compared to multi-axial stress states. When
the panel is subjected to combined compressive and shear loads, the shear load is mainly
endured by the skin, while the compressive load is shared by both the skin and the
stiffeners. The discontinuity of the loads leads to easier debonding at the interface between
the stiffeners and the skin. Additionally, combined loads could introduce stresses in
weaker directions, like transverse to the fibers or in shear, which have lower strengths,
thus reducing the overall safety factor. This suggests that stress component interactions
accelerate failure progression.

Furthermore, across all loading conditions, after the initial buckling of the skin, a
progressive load transfer to the stiffeners was observed, as evidenced by the increasing
slope of the strain curves. As the applied load continued to increase, a second inflection
point emerged in the skin strain curves, signaling the onset of secondary buckling at
critical locations. Subsequently, the stiffeners also began to buckle, marking a transition to
advanced structural instability. The experimental results reveal significant variations in the
buckling resistance between the stiffeners and skin under four loading conditions:

• Pure compression:

The stiffeners’ buckling load exceeded the skin secondary buckling load by 2.01%.

• Pure shear:

The stiffeners’ buckling load was 27.97% higher than the skin secondary buckling load.

• Combined loading case A:

The stiffeners’ buckling load was 12.79% higher than the skin secondary buckling load.

• Combined loading case B:

The stiffeners’ buckling load was 4.52% higher than the skin secondary buckling load.
These experimental findings demonstrate a clear correlation between the loading types

and stiffeners’ performance. In compression-dominant loading conditions, the stiffeners
are prone to buckle after the skin buckles.

Moreover, the experimental and numerical results showed that the initial debonding
loads in FEM were close to the secondary buckling loads of the skin, which demonstrates
that the buckling-induced waviness contributes to the skin−stiffener debonding, and the
secondary buckling of the skin significantly accelerates interfacial debonding.

Following interfacial debonding, the fuselage panel rapidly progressed to skin wrin-
kling and ultimate structural failure. The failure mode was characterized by wrinkling pat-
terns on the outer skin surface, fracture of stiffeners, and delamination at the skin−stiffener
interfaces. The extent and morphology of the failure zone were found to be directly corre-
lated with the compression-to-shear load ratio, highlighting the influence of multi-axial
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stress states on failure mechanisms. These findings provide critical insights into the struc-
tural performance and failure progression of stiffened fuselage panels under complex
loading scenarios.

The finite element analysis results are in good agreement with experimental data,
due to mechanical property tests before the fuselage panel experiment and the correct
simulation of loading conditions, which provide further proof of the decoupling capability
of the test apparatus for combined loads. However, errors still exist, and the causes of these
errors include the following:

• FEM models assume perfect materials and adhesion between plies, ignoring
manufacturing defects (e.g., fiber fracture, matrix cracking, delamination, voids, resin-
rich regions).

• Hashin’s criteria separate fiber and matrix failures but do not account for coupled
failure modes (e.g., simultaneous matrix cracking and delamination).

• The mechanical assembly errors between the test specimen and the testing apparatus
were not taken into account.

5. Conclusions
This paper focuses on the failure analysis of fuselage panels under uni-axial and multi-

axial loads. Experimental and numerical studies have been conducted to examine the post-
buckling behaviors of curved panels reinforced with hat-shaped stiffeners. Panel testing
was conducted using a novel test facility. Strain gauges were installed in a back-to-back
configuration on the skin, enabling identification of the initial buckling of the specimen.

An FE model was developed to simulate loading and boundary conditions. During
the simulation, a non-linear analysis was performed. The finite element analysis results are
in good agreement with the experimental data, confirming the models’ validity.

Results from the failure tests of four loading conditions showed that the ultimate load
of the specimen was at least 30% higher than the initial buckling loads, demonstrating a
sufficient load capability during post-buckling progress. Multi-axial loading resulted in
more complex stress interactions for the specimens, resulting in a reduction in the strength
reserve related to the post-buckling regime compared to the uni-axial loading case. After
the initial buckling of the skin, a progressive load transfer to the stiffeners was observed,
as evidenced by the increasing slope of the strain curves. Increasing the shear force was
found to enlarge the margin between global skin buckling and stiffener buckling, as the
shear-induced longitudinal tension along the stiffeners enhanced their stability.

The established FE model was used to identify the load point corresponding to the
initial skin−stiffener debonding, which stays close to secondary buckling loads of the
skin (i.e., global buckling). This indicates that the escalation of skin waviness induced
by global buckling is the primary cause for the skin−stiffener debonding. The structural
integrity degrades as the stiffeners lose their ability to arrest the propagation of buckling
waviness after debonding. Subsequently, a fracture in the skin and stiffeners occurred
immediately, resulting in a sudden collapse of the panel. One important future direction
for characterizing the bonding interface damage is to study the stress effort related to
mixed fracture modes (i.e., mode I, mode II, and mode III fracture energy) on the damage
evolution of the stiffener−skin interface.

6. Patents
1. Aircraft Strength Research Institute of China. A Complex Load Test Facility for

Fuselage Panel. CN201510221528.6, 29 July 2015 (in Chinese).
2. Aircraft Strength Research Institute of China. A Shear Loading Facility for Large

Aircraft Panel. CN201510243266.3, 11 November 2015 (in Chinese).
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